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NATTONATL, ADVISORY COMMITTEE FOR AERONAUTICS
RESEARCH MEMORANDUM

APPLICATION OF BLADE COOLING TO GAS TURBINES*

By Herman H. Ellerbrock, dJr. —
and Louls J. Schafer, Jr.

SUMMARY

A review of the stabtus of knowledge on turbine~blade cooling
ard a descripbtion of pertinent NACA investigations are presented.
Analyses of uncooled turbojet- and turbine-propeller-engine per-
formance, including some relative range values, are used %o 1lius-
trate the trends with changes in performance paremeters and the
galins %0 be obtalned in some cases by operating at high gas tem-
peratures. The current limitations in performance of uncooled and
cooled engines are briefly discusaed. Analyses of the performance
possibllities of turbine-blade cooling are given for isolated blades,
varying-design turbojet and turblne-propeller englnes, and & typical
Jet engine. The possibllities when nonatrategic blade materials
are used are included. Finally, the knowledge available and investi-
gations to increase the knowledge on heat-transfer, cooling-flow,
and performence characteristics of cooled turbines are discussed.

INTRODUCTION

The greatest efforts in aeronautical turbine research have
been devoted to increasing the power that can be developed by an
engine of a glven size and weight, to increasing the power that can
be realized from & glven gquantity of fuel, and to improving the
rellebllity of turblnes.

Although substantial inoreases in the power and the economy of
turbines can be realized from improvements in the flow capaclty and
the efficiency (reference 1), the largest and most significant bene-
fits may be derived from Increasing the temperature of the working
fluid at the turbine inlet and from increasing the compressor
pressure ratio. For a given capaclty or welight flow, it can be
shown from turbine theory that the power per pound of ailr is pro-
portional to the turbine-inlet temperature.

*Based on lecture presented at Bureau of Ships, Department of the
Navy, Washington D.C., May 10, 1949.
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Current hydrocarbon fuels can produce far higher temperatures
than are used. now, but current turbine materials have insufficlent
strength at these higher temperatures to withstend the stralns
imposed. Although better heat-resistant materials are being
developed, a more immedlate means of realizing the performance
improvement that should be possible with increased turblne-inlet
temperatures 1s required. Another problem of great militery
importance 1s that, even if better heat-resistant materlals are
developed, both these materiels and the high-temperature materials
currently used contaln a high percentage of scarce alloys. TUnfortu-
nately, metals with small quentities of these strategic alloys
could not be directly substituted for the high~temperature materilsls
because they have lower strengbh characteristlica. Thus the problem
exists of not only finding means to operate turbines at higher tem-
peratures than currently used, but to accomplish such operation
with low-alloy-content metals.

One method of attack on this problem is to cool the turbilne,
which has the possibllity of attalning equal or lower metal tem-
peratures with an increase in gas temperature. As a conseguence
of the potentialities of turbine cooling, the NACA started investi-
gations on the cooling of Hurblines at the Lewls laboratory in 1945.
Although other cooling problems are belng investigated, only blade
cooling will be discussed herein.

The NACA investigetions prior to May 1949 are described and
the following information is presented in detall:

(a) The gains to be obtained in performance through the use
of high pressure ratio and temperature

(b) Detailed reasons for current performance limitations
(¢) Reasons for turbine-blade cooling

(3) Some analytical comparisons of turbine~cooling methods
(e) Objectives of cooling research

(f) Some problems involved

(g) Status of knowledge on turbine-blade cooling

(h) Status and some results of investigations belng conducted
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ANATYSTIS OF GAS-TURBINE-ENGINE FERFORMARCE

The theoretical performence geins possible through use of high
temperatures at the turbine inlet and high compressor pressure
retios for turbojet and turbine-propeller engines are discussed.
The turbojet engines were assumed to be mede of materlals that cen
withstand the stresses imposed by high pressures and temperatures,
thus eliminating consideretion of the cooling losses for these
engines. In the consideration of cooling losses 1n turbine-
propeller engines, the assumption 1s made that the turbine bledes
were water-cooled. Cooling losses are considered in one case and
not in the other becaunse thesme snalyses are the only ones availl-
gble. Nacelle drag iz included in the calculations. The lift-
drag ratio was such that the wing loading was limlted to 80 pounds
per square foot. The nacelle drag coefficlient was 0.055 and the
airplane drag coefficlent waa 0.01868. The structural weight of
the airplane was assumed to be 0.4 of the gross weight and the tank
weight, 10 percent of the fuel welght. The fuel welight was included.
The details of other assumptions used in the englne-cycle analysis,
which were similer to those usually used in such work, are not dis-
cussed herein because the analyses are not rigorous and only trends
and not absolute values are shown.

Turbojet Englne

The computed variatlons of specific thrust and specific fuel
consumption for a range of turbine-inlet temperatures and come-
pressor pressure ratios for the turbojet engine are shown in fige
ure 1. The calculations for figure 1l(z) are based on an sirspeed
of 500 miles per hour, sea-level altitude, and compressor and tur-
bine efficiencies of 0.90. The asaumed compressor efficlency is
somewhat high but such efficlencies are anticipated. The effect of
efficiencies is smell at the lower temperatures In any case. More
detailed information on the effect of efficlencies on performance
is presented in reference l. Curves of relatlive range of the alr-
plane are also plotted on figure 1, with the assumption of 2 base
range of 1.0 for the current engine with & turbine-~inlet tempera-
ture of 2000° R and a compressor pressure ratlo of 4.

At any pressure ratio, the speciflic thrust and the fuel con-
sumption increase with increase in turbine-inlet temperature. At
a given turbine-inlet temperature, as compressor pressure ratilo
varies the specific thrust increases to an optimum value then
decreases. The decrease 1s caused by the decreasse in the permissi-
ble combustor temperature rise (as determined by compressor-outlet
temperature) as the compressor pressure ratio increeses. The
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optimm-power pressure ratio for each turbine-inlet temperature
increases as turbine temperature 1s raised. Although the lowest
values of specific fuel consumption occur at extreme pressure
ratios, the specific fuel consumptions corresponding to the optimum-
thrust pressure ratios are about 20 percent below the value for
current temperatures and pressure ratios at the assumed component
efficlencies and flight speed. For a given relative range s thrust
increasses apprecizbly and fuel consumption increases slightly es
the turbine-inlet temperature is increased. The pressure ratio, of
course, must be correspondingly incressed. An indication of the
galns can be obtained from a comparison of the engine at a turbine-
Inlet temperature of 2000° R and a compressor pressure ratioc of 4
with the englne at & turbine-inlet temperaturs of 3000° R and a com-
pressor pressurs ratio of 16. Figure 1l(a) shows that the specific
thrust would increese from 52 to 93 (not quite double), the specific
fuel consumption would decrease from 1.16 to 1.0l (about a l3-percent
decreage), and the relative range would increase about 22 per-

cent. These results mean that for a given required power the engine
with the high pressure ratio and high inlet temperature would be
much smeller and use less fuel than the current engine.

The effect of ailrspeed can be determined by comparing the
results of figure 1(a) for 500 miles per hour with those of fig-
ure 1L(b) for 1000 miles per hour. All other comditions are the same
except & fixed lift-drag ratio of 7 was used at 1000 miles per hour.
In general, the trends of the curves in figure 1(b) are the seme as
those in figure 1(a) except that the constant-temperature curves
reach an optimm point at lower pressure ratios and the relative-~
range curves have more ocurvature than those in figure 1(a), causing
specific fuel consumption to increase appreciably as turbine-inlet
temperature 1s increased for any constent relative range. A com-
blnation of high thrust and low fuel consumption again requires a
high turbine-inlet temperature and a high campressor pressure ratio.
One trend that becomes evident in figure 1(b), which is true of all
other figures of this type, 1s that, for a given turbine-inlet tem-
perature, an optimum compressor pressure ratio exists when range 1is
considered. This trend is shown by the results for a temperature
of 2000° R. The greatest range is obtained at a compressor pressure
ratio of approximately 10.

The effect of altitude on performance is obtained by comparing
the data of figure 1l(a) for sea-level altitude with those of fig-
ure 1(c), which 1s for amn altitude of 30,000 feet; the other con-
ditions are the same as those of figure 1(a). If the curves of fig-
ure 1(c) are superimposed on those of figure 1(a), the principal
differences noted will be that for a given turbine-inlet temperature
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the compressor pressure ratio at which optimum specific thrust
occurs lncreases as albtitude increases and that specific thrust
for a given temperature and compressor pressure ratio is greater
et high altitudes than 1t is at low altitudes. A virtunal lifting
of the whole diagram occurs with a shift to the left. The greater
specific thrust at altltude for a glven inlet temperature and
pressure ratio is caused by the ratic of inlet temperature to
ambient temperature being greater than at sea level. In general,
the same trends occur as at low altitude, apprecisble gains in
specific thrust and decreases in specific fuel consumption occur-
ring 1f gas temperature and pressure ratio are greater than
current values.

In order to illustrate the significance of figure 1(a), a com-
parison of the current engine with the potentiaslities of the opbtimm
power combination ls considered, temporarily neglecting the sscondary
variation of specific cycle performance with altitude. If & sea-
level specific mass flow of 15 pounds per second per squere foob
of frontal area and a gross thrust of 6000 pounds are assumed, the
engine with a turbine-inlet temperature of 2000° R operating at a
pressure ratio of 4 would require & mess flow of 114 pounds per sec=
ond, which corresponds to a frontal area of 7.6 square feet, and
would. have a speclific fuel consumption of about 1.16 pound.s per pound
thrust. An equivalent engine with a turbine-inlet temperature of
3000° R operating at optimum-thrust pressure ratio of 16 would
require a mass flow of only 65 pounds per second correspording to
& frontal area of about 4.3 square feet and would have s specific
fuel consumption of about 1.0l pound per pound thrust. If, in
order to extend the range of the alrcraft, the thrust were reduced.
to 4250 pounds by means of reduced 'bur'bine-inlet temperature at
constant initial pressure ratio, the relative range of the high-
Pressure-ratlio engine would be increassed to about 1.4 at s fuel
consumption of about 0.83 pound per pound of thrust, and that of
the low pressure-ratio engine to 1.10 at a fuel consumption of
1.00 pounds per pound of thrust.

The high-performance englne with the small frontal area is
seen to have a substantial advantage in that Por a given maximm
thrust capaclty, ita range at reduced crulsing conditions is
approximately 18 percent greater than the low pressure-ratio engine.
Conversely, if the two englnes were of the same frontal area and
had the same reduced or cruilsing thrust for extended range, the
meximum thrust theoretically obtainable for take-off and combab
with the high-performance engine would be about 70 percent greater
then that of the conventional low-pressure-ratio engine.
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The disadvantage of an engine with a given compressor pressure
ratio having its design point at a high gas temperature is that
the range ls penalized and economical reduction of power for cruis-
ing is impossible. The disadvantage of an engine with the same
pressure ratio having its design point at a turblne~inlet tempera-~
ture of 2000° R is that no margin of excess power is available for
take~-off, climb, and combat maneuvers. The addition of thrust
augmentation to the low-temperature long-range engine through the
use of a tall-pipe burner penalizes weight and cruising performance.
For subsonic flight speed, it is evident from figure 1l(a) that an
englne design having operating points avallable at both 2000° and
3000° R would be highly desirable because, for the given compressor,
maxlimum range can be obtalned at crulsing conditions with an ade-~
quate margin of high thrust for other operations when required.

When cooling reseasrch has progressed to a point such that
cooled turbines can be designed with confidence, the gaa tempera-
ture and the type of engine installation will depend on the type
of alrcraft as woell as on results of many more analyses of the
type presented,wvhich must be made to cover a broader range of
conditions.

Turbine=-FPropeller Engine

Some typlcal performance resultas of a turbine-propeller engine,
are shown 1n figure 2. Curves of constant relative range are agein
shown. The great dlifference between these results and those for
the turbolet engine 1s that, for constant pressure ratio and
increasing turbine-inlet temperature, the specific fuel consumption
decreases, whereas the power greatly increases. Another noticesble
feature of these curves 1s that the optimum compressor pressure
retio, at a given temperature at which the relative range ls a maxi-
mum, 1s very merked. If the engine with a turbine-inlet tempera-
ture of 2000° R at a compressor preassure ratio of 4 is considered
as the current engine, increasing the temperature to 3000° R and
the presswre ratio to 16 wlll result in an increass in power from
about 105 to 300 horsepower per pound of air per second (a three-~
fold increase), a decrease in apecific fuel consumption of about
40 percent, and an Increase in range of about 70 percent. These
results are remarkable and werrant great effort to attain them in
actual practice.

The effects of altitude and flight apeed are obtained by com-
paring the results of figure 2(a) with those of figure 2(b) at a
flight speed of 400 miles per hour and an altitude of 30,000 feet.
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The same remerkeble improvemsnts shown in figure 2(a) can be
obtalned for the conmditions stated for figure 2(b) when compressor
pressure ratio and turbine-inlet temperature are increased above
current valuea. The lower consitant-relative-range and compressor-
pressure-ratio curves show the same trends as those for the turbo-
Jet engline In that as temperature lncreases the specific fuel con-
sunption increases.

The potential Improvements resulting from the use of high-
cycle temperatures and compressor pressure ratiocs in the turbine-
propeller engine are of great interest, particularly with respect
to long-range aircraft. The analyses glven ere only approximate
because the cooling evaluation has not besn sufficlently explored
for complete evaluation of the problems.

CURRENT LIMITATTONS ON PERFORMANCE

The limitabtions on the performance of engines using both uncooled
and cooled turbines will be discussed in this section of the report.
The limits imposed on the uncooled turbine engine ars compressor-
preasure-ratio limits and material-temperature limits. The limits
to the cooled turbine englne include cooling losses and design com-
plications in addition to those mentioned for the uncooled turbine
engine.

Tacooled Turbines

Compressor pressure ratlo. - The compressor pressure ratios

of current englnes range from about 3.5 to 5.5. Much research is
being conducted to increase this ratio 1n both centrifugal-~ and
axial-flow compresgors. Develomments in subsonic axisl-flow-
compressor design are expected to yleld pressure ratlos of

1.34 per sgtage, which for a pressure ratio of 27 would regquire

12 stagee as compared with 25 stages at current stage pressure
ratios. Supersonlc exial-Tlow stages and subsonlc mixed-flow
stages with ratlos up to 4 are considered feaslble and the pressure
ratio of 27 could be accommodeted with a two-stage supersonic axial
stage followed by & mixed-flow stage having a pressure ratio of 1.7.
From the reseerch that has been conducted, the problems of attain-
ing high pressure ratios apparently are not insurmounteble although
mechanically difficult,

Materlials. - Uncooled gas-~turbine-engine performance is limited
becaugse the temperatbure at the turbine inlet cennot exceed about
2000° R. This limitation is caused by the insufficient strength of
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currently available turbine materilals at temperatures higher then
2000° R. Existing hydrocarbon fuels can produce, however, far
higher temperatures, approximately 4000° R.

A problem of grave strategic importance is the high percent-
age of very scarce costly alloys in these materials amd, in addition,
gome of the alloys must be Imported from other countries. In the
event of war, grave doubt exists that enough of these materlals
could be supplied to manufacture the number of engines regquired by
a greatly expanded air force. As a consequence, substitute metals
would have to be used, resulting in an uncooled turbine of a lower
specific thrust than 1s currently obtalned because the operating
gas tempersture would have to he decreased and consequently & larger
engine would be necessary to keep the thrust constant at its present
value.

The most oritical elements in order of importance are: cobalt,
columbivm, chromium, nickel, and tungsten. If materilals containing
cobalt and not more than O0.5-percent columblum are eliminated, most
of the familler high-temperature materials would be unavailable.
These materlals are N-155, K42B, S-590, 8-816, Vitallium, X-40,
Inconel X, and many others. The high-temperature alloys then
remaining are 19-9 W-do, 19-9 DL, 16-25~6, Hastelloy B, Inconel,
Discaloy, Nimonic 80, and 17W. With the exception of Hastelloy B,
these materials all require from 10~ to 20-percent chromium, which
is third on the critical 1list, and up to 75-percent nickel, which
is fourth. If it is further specifled that the alloy contain not
more than 40-percent chromium plus nickel, Nimonic 80, Inconel,
and Hagtelloy B are eliminated and the following materials remain:
16-25-8, 19-9 DL, 19-9 W-Mo, Dlscaloy, and 17W. These materials
constitute a class of relatively nonstrategic alloys, which could
probebly be broadened with further development. Chromium content
can be further reduced with addition of silicon and titanium in
small gquantities and nickel can be reduced with addition of
molybdenum, which is lower on the critlcal liast. Typlcal of these
reduced materials are the steam-turbine alloys, such as Sichrome
No. 1, wlth 8.5-percent chromium, 3~percent sllicon, 0O.6-percent
manganese, and nco nickel.

Only meterials having not more than 4- or S5-percent total
gtrategic~alloy content should practically be considered. The most
Inmportent problem is therefore to find some means of using such
materials without effecting a decresse in turbine~inlet temperature
below 1ts present value or preferably wilth an Increase in thls tem-
perature sbove 1lis present value to obtain the specific power
increages desired.
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Cooled Turbines

Cooling losses. ~ The immediate means for solution of the fore-

going problem is engine cooling, especially cooling of the turbine
blades. The spparent simplicity of putting air or water through
blaedes, however, is misleading ln many respects. Many phenomena
arise that 1imit the performance. Although cooling at current
turbine temperatures does not seem to offer serious difficulties,
the study of high-performance cooled engines involves many additional
complications, which camnot be generallzed but are functions of &
particular englne-design configuration. The performance of a cooled
engine will inevitably be inferior to a similar uncooled engine,

and the turbine-cooling requlrements are dependent on many vari-
ables assoclated with the purpose to which the power plant is put,
operating conditions, and cycle characteristics. The problem there-
fore is one of economics of the entire propulsion system, advantages
of cooling as related to use of noncritical metals, energy balances,
and net gains in performance.

The losses associated with cooling can readily become excessive
both in current engines and the high-performance engines contem-
plated for the future, which will result in limited engine perform-
ance. These losses include heat loss to the coolant when the cool-~
ant does not mix with the combustion geses, losses due to pumping
of the coolant through the system including the blades, power loss
due to the compression of air (if it 1s the coolant) in the engine
compressor, drag of a radistor in the case of liquid coolants, loss
in working fluid for the turbine as & result of bleedoff from the
compressor for coolant purposes, and & rather intangible loss in
blade power because the working fluld has heat abstracted even
though this heat may be regelned by cooling alr mixing with the
combustion gases at the blade tips. Keeping these losses to a mini-
mum so that the lowest possible limitation in performance is
obtained requires highly refined techniques Iin analysis and deslgn
as well as relishle and comprehensive data.

Materials. - The limitations in performance arising because of
scarcity of certain alloys applles, of course, to cooled as well as
to uncooled turbines; that is, cooling must be applied to turbines,
1f at &1l possible, where blades are made of low-alloy-content
materials. The performance of en uncooled turbine will naturally
be less than that of a cooled turbine with high-temperaturs-material
blades.
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In cooled blades, thermal stresses, which are not normally
Present in uncooled blades, will inevitably arise and mey limit
the performance. The extent of limitation will probably depend
on the material used. Vibratory stress 1s also expected to be a
very difficult problem in alr-cooled blades because the blade
is a thin-wall atructure and a large mumber of complex modes

will be introduced.

Deslgn camplications. - The specific power of a gas-turbine
engine (which is the power/(1b air) (mec)) is appreciably increased
a8 the turbine-inlet temperature 1s increased, but for & turbine
of a given design, the flow (1b/sec) decresses as the turbine-inlet
temperature is increased. Both turbine speed and ccmpressor
Pressure ratlio must therefore be increased in order to retaln con-
stant flow capacity and flow similarity with fixed turbine-nozzle
aree and angle; thls incresse results in Ilncreased turbine-rotor
and blede stress in order to realize the potential improvements in
specific power of the turbine in the turblne-propeller engine.
Because of the added stress, the performance of the turbine-
propeller engine mey be limited to some value below that theoreti-
cally obtainable from the increased turbine-inlet temperature. In
oxder to overcome this limitatlion, the high-temperature turbine
should be a new design with altered geometry and new blade configu-~
rations so that the rotor speed can remain the semes as in the low-
temperature original design. Thus, complications arise in trying
to apply high temperatures to a gas-turbine engine in +hat & prac-
tically new design is required for some parts.

One problem that has great possibility of limiting perform-
ance of the air-cooled turblne is that of choking in the cooling-
air pessages of the blades; that is, the Mach number will reach a
value of 1 in the blade passage under same conditions and no more
air can pass through the blade even though 1t may be required.
Design changes are thus required to enlarge the blade passages;
therefore the blade has to be thicker and fewer blaedes can be used
for a given dlameter. It is also evident from preliminary calcu-
lations that the blede taper from root to tip must be ag small asg
posslble to reduce acceleration of the air through the passage.
This acceleration is tremendously rapid because of centrifugal
action and heat absorption by the cooling air. The entire turbine
may therefore have to be redesigned so that the performance mey not
be limited by the choking phencmena. This phenomsna is greatly
accentuated as altitude inc?eases.

A design complication, which causes losses and thus limits
the performance of a cooled engine, is the bleedoff of air from
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the compressor for cooling. The system conveying the alr from the
compressor to the turbine must be added and has inevitable pressure
losses,

In a high compressor-pressure-ratio engine, the cooling alr
must come from one of the lest stages of the compressor in order
that it will have sufficlent pressure at the blade tip to cause
posltive flow from the blede passege into the surrounding gases,
which are at a high pressure. It is very possible that thls air,
because of the compression, will have & temperature at the blade
root, which will exceed an allowable limit. The reduction of this
temperature in any case has a very beneficlal effect on cooling.
Thus the complication of an aftercooler between the compressor and
the turbine is added to the engine with an adverse effect on per-
formance due to weight and drag. Because of the very beneficilal
effect that reducing the cooling-air temperature at the blade root
has on reduction of cooling-air reguirements, however, the addltion
of an aftercoocler may have a beneficlal effect on over-all perform-
ance rather than becoming a device that adds to the losses and thus
1limits performance.

In the case of liguid cooling, a radlator and a piping systenm
must be added. AAditions of welght because of these added parts
and the presence of the coolant in the aircraft plus the pressuré
losses in the system and the possible drag of the radlator will
reduce the performance of the engine. Because of heating of the
air paseing through the small radiator, which cools the turbine-
blede ligquid coolant, & small radlator thrust instead of drag may
occur, as noted in reference 2.

The use of high pressure ratlos wlll increase the stresses
due to gas forces, which will require strengthening of the engine
parts. The saving in fuel weight, however, occasioned by high
pressures plus the gains in specific power occasioned by corres-
ponding increases in turbine-inlet temperature, which may be
expected with cooling, and for a given power requirement will
result in smaller engines, are expected to more than offset the
added engine weight occasioned by higher stresses. If materials
are used such thet the temperature cannot be lncreased, a possi-
bility of added weight exists 1f pressure ratlo alone is increased.

Many other factors add design complications and may limit per-
Pormance of cooled turbine engines. Only a few factors are pre~
sented to show that the cooled turbine engine masy not be a simple
device and that much thought is regulred in its design.
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PERFORMANCE POSSIBILITIES OF TURBINE-BLADE COOLING

The performence posgibilities of turblne-blade cooling are dls-
cussed in three parts: (1) Several methods of cooling turbine
blades are compared; (2) the use of nongtrategic blade metals
(Cr-Mo-Va and SAE 1015) are compared with a strategic blade metal
(5-816); and (3) the cooling-air reguirements of both & turbojet
and turblne-propeller englne are evaluated for several operating

conditions.

Reletive Effectiveness of Cooled Blades

Analysis method. ~ The performance possibilities of turbine-
blade cooling have been determined using the allowable effective
gaa temperature as the criterion for the effectlveness of various
methoda of cooling blades of different configurations and of vari-
ous materials. Many methods have been suggested for accomplishing
the deslred cooling of turbine bledes. The decision as to which
of these methods or what combination of these methods hes the best
practical value can be maede only after a large amount of experi-
mental data has been obtalned and studied. The mechanism of flow
in boundary layers surrounding turbine blades 1is not yet sufficlently
understood to make accurate quantitative comparilsons by analysis.
If the cooling of the boundary layer is neglected, however, much
can be learned ahout the sultabllity of varlious forms of conduction
cooling by using the principles originally set forth by Fourier.
Sultable average values may be assigned to the heat~transfer coef-
ficients between the hot gases and the metal and bstween the mstal
and the cooling fluid. Allowances may also be made for radlation.

In order to evaluate the temperature distribution in a cooled
turbine blads, the following parameters must be specified: the
turbine structures, the shape and the materlal of the blades, and
the temperatures, the rates of flow, and the composition of the hot
geses and the cooling fluld. The convection and radlation coef-
ficients can then he determined if the laws are known. The ugunal
equations for rediation were used to evaluate these effects with a
geometry factor of 1.0 being used. The equation for fully developed
turbulent flow inside pipes has been uged to determine an average
convection coefficient from metal to coolant. The equations for
raediation and inside convection coefficlents were obtained from
reference 3., The temperature of the gas effecting heat transfer

(called the effective gas temperature) Tg,e was agsumed to be

constant around the blade and was determined from the egquation
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1-a-T8 ~Tae (1)
T L. T
g g

where the recovery fastor A 1s roughly egqual to the square root
of the Prandtl muber (c;P gu.g/]:g) of the gas (reference 4). (All
2

symbols are defined in the appendix.) The static temperature of the
gas Tg is determined from the turbine-inlet total pressure and

temperature, the gas flow, and the turbine-nozzle area for a Mach
number of 1.0 or less at the robtor inlet. When the pressure ratio
is such that expansion occurs between the nozzle ocutlet and rotor
inlet causing the Mach number to be greater then 1.0 at ths rotor
Inlet, the static gas temperature calculated by the method mentloned
would be unsatisfactory. Such a case was not encountered in these
calculations. The total temperature of the gas relative to the
moving rotor blades Tg" is determined from the statlc temperaturse

and the relative velocity of the gas to the blade Wg using the
egquation

2
LU, T = 2]’ 2
TS g Wg / 8013,8 (2)

The effective gas temperature T, , 1s required because the con-

vection heat-transfer coefficient on the gas side 1s based on the
difference between the effective gas end blade temperatures.

From the foregolng data, the radial-temperature disitribution
Tor any cooling arrangement and at any gas temperature cen be found
by formulating the equations expressing the heat balance at sach
infinitesimal part of the turbine blade and performing the required
mathematlcs. A curve like the solld one presented in figure 3
showing the blade temperature from the root to the tip will be
obtalned. A variation 1n effective gas temperature will cause the
curve to move up or down.

In order to determine the amount by which the temperature of
the hot gases can be increased by a given method of cooling, the
temperature dlstribution shown by the so0lid llne in figure 3 must
be compared with the allowable temperature dlstribution. This tem-
perature distribution is obtained from the centrifugal stress in
the blades and stress-rupture datae because of lack of knowledge
concerning other stresses Involved. Thermal stresses are involved
and a relation is needed between thermal, centrifugal, and gas-
bending stresses for each particular blede configuration. A
turbine blade In operation is also characterized by many complex
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modes of various orders of the exciting frequencies induced by com-
bustion chambers, nozzles, or aerodynamic flutter. Because of the
meny frequenciles of higher order and the frequency variation from
blade to blade, avoldance of all critical frequencies in each blade
all the time 1s very difficult. Because the higher modes of
vibration are of high frequency, the criterions of blade failure
due to vibration should be the endurance limit for infinite life
because any finite number of cycles would be consumed in a short
period of turbine operation. Adequate data on elevated-temperaturs
endurance limits ere unavailable. Much experimentel work reameins
to be done on the vibratory stresses.

Before the stress-rupture data are used, an allowable life is
agsumed and the relation between the meximum allowable temperature
of the blade material and the blade stress is established as follows:
When the tip speed of the blade is specified, the radisl stress dis-
tribution of the blade is determined and the maximm permissible
temperature at each radius of the blede may then be computed. A
curve, such as shown by the dashed line in figure 3, may then be
drawn to show the radial distribution of the stress-limited
temperature.

The maximum effective gas temperature for a glven tip speed
is established when the actual temperature-distribution curve (solid
line, fig. 3) has a point of tangency (circle, fig. 3) with the
stress-limited or allowable blade~-temperature-distribution curve
(dashed line, fig. 3) for the same speed. When the curves inter-
sect, the sections on the blade within the overlapping regioms are
too highly stressed. The effectiveness of each cooling method,
materlal, and blade-configuration combination is presented relative
to that for the uncooled solid turbine blade made of one of the
most frequently used high-temperature materials, S-816. The rela-
tive effectiveness presented hereinafter is the ratio of the maxi-
mum alloweble effective gas temperature in °R for the cooled blade
to the maximm allowable effective gas temperature in °R for the
uncooled blade. Such a relative effectiveness was used beceuse in
these simple analyses the heat-transfer coefficlents for the air-
and water-cooled blades were held constant and thus the results are
only comparative. The effects of altitude on coefficients s losses,
and so forth do not appear.

This procedure has been applied to three methods of cooling:

(1) Rim cooling, in which the temperature of the rim of the
turbine disk 1s reduced by some cooling method and the solid
turbine-rotor blades are cooled by conduction of heat to
the rim
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(2) Cooling of blades by passing air through passages of vari-
ous shapes inside the blades

(3) Cooling by liquid, which circulates through passages formed
in the blades and disks; heat flows through the metal to the
cooling fluid

Comparison of cooling methods and blade configurations. - The

effectiveness of rim cooling for & wide range of c¢ooling variables
and blade shapes is discussed in reference 5 and the results are
summarized 1n figure 4. The relative effectivensss is plotited
against the difference between the effective gas temperature and
the temperature at the blade root for each of a series of cooling
perameters. The dimensionless parameter includes gas-to-metal heat-
transfer coefficilent H,, the perimeter of the blade section 1,
the blade length Ly, the thermal conductivity of the blade
material kp, and the cross-sectional area of the blade section

. For modern gas turblines of high powser and heat-transfer coef-
ficlent, the perimeter and the blede length are large, whereass the
thermal conductivity is small. For example, the value of the
parameter would be 14 for turbines simllar to those of current jet
engines. Under these circumstances, cooling 1s indicated by the
lower curves, and relative effectiveness is only about 1.05.

If metals wlth the conductivity of copper and the strength of
current steels were avallable, the value of the parameter would be
about 1.47 and the effectiveness would be eppreciable.

Although this increase 1n effectiveness for current Jet englnes
is not nearly enough to permlt the use of very high ges tempera-
tures, it is enough to cause a significant gain in estimated turbine-
blade life.

The effectiveness of a more direct method of cooling, thet of
passing air through passages inside blades, is shown by results
plotted in figure 5. The eguatlon used to obtain the blade-
temperature distribution is based on detalled derivations glven in
reference 6. The relative effectiveness is plotted agalnst the
ratio of welght of cooling air flow to welght of ges flow, called
the dilution, for several methods of alr cooling and several inside
blade confilguraetions. The material used 1n the blades is S-818.
The lower curve 1s for a plein thin-walled hollow blade with cool-
ing alr flowing through the blede from the root to the tip. With
a ratio of coolant flow to gas flow of 0.05, the relative effective-
ness is about 1.25.
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The plecing of an insert in a hollow blade, as shown by the
sketch in figure 5, forces the cooling air to flow between the insert
and the blade wall., This modification increases the air velocity
through the passage, as compared with that for the hollow blede, and
increases the cooling effectiveness above that for a hollow blede,
as shown by the results in figure 5. For a ratio of coolant flow to
gas flow of 0.05 or 5 percent, the relative effectlveness for the
blade with insert 1s 1.65 ag compared with 1.25 for the hollow blade.

The cutting of slots in the walls of a holiow blade, as shown
by the sketch of & film-cooled blede in figure 5, allows cooling
alir to flow out of the slots and over the blade surface, forming
a coollng insulating film of alr between the hot gas and the
blade wall. This method of cooling is called film cooling.

From data avallable in reference 7, the film-cooling curve in
figure 5 was obtained. The relative effectlveness of the fllm-
cooled bhlade is very good, being about 1.8 at a ratio of coolant
flow to gas flow of 0.05 a8 compared with 1.65 for the blade with
the insert. The cooling air isauing from film-cooled bladem may
upset the flow of gases about the blade. Because the alr issues
nearly tangentially to the gas flow, it 1s expected that the ’
effect will be small.

Inasmuch as the results of the film-cocled hlade are so
favorable, putting a large number of holes in the blade surface
seems warranted. This condition exlists when the blades are made
of porous material and cooling air is allowed to seep through
the thousands of microscopic holes in the material from the
lnside surface to the outside surface of the blade wall. The
results of such a method of cooling, caleculated from data in
reference 8, are shown In figure 5. The relative effective-
ness is much greater then that for the film-cooled blades, about
3.5 at a ratio of coolant flow to gas flow of only 0.03. These
calculated results in figure 5 are guestionable in that the data
were cobtalned on round specimens. The data were applled to the
blade shape by using the areas of the blade involved.

Porous cooling 1s considered adaptable to turbine stator
blades but for the rotor blades doubt exists as to whether porous
material will have adequate strength characteristice. Because of
this doubt, another blade configuration was studled. This configu-
retion hes fins along the entlire passage length, as shown by the
sketches of the 12~ and 25-fin blades in figure 5. The fins are
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0.020 inch thick and are spaced 0.040 inch apart in the 25-fin
blede; they are 0.040 inch thick and are spaced 0.085 inch apart
in the 12-fin blade. The eddition of fins greatly increases the
surfPace In contact with the cooling air ani has been of Infinite
benefit in cooling internal-combustion engines for alrcraft use.
The results in figure 5 show that the fins are very effective; the
relative effectiveness for the 25-fin configuration is about 2.4
at a ratio of coolant flow to ges flow of 0.05 as compared with
1.25 for the hollow blade. From these results, 1t is thought that
blade configurations are availeble that will mske possible the
attainment of temperatures of at least 3000° R at the turbins inlet
with alr cooling using high-temperature or porous materials.

The effectiveness of liquid-cooling using elther water or
kerosene as the coolant 1s shown in figure 6. The analysis assumes
that coolant passages are close to critical areas. Again the
material of the bledes 1s S-816, The curves are based on the
1000=-hour stress-rupture properties of the metal. Details of the
equations used to obtaln blade-temperature distrlbutlons when the
coclant pesses through holes in the blede, as shown 1n flgure 6,
are given in references 9 to 11. Round holes must be used because
of the high wabter pressures obtalned at the high rotative speeds
of the turbine rotor. The curve for water lllustrates the remark-

- able theoretical effectiveness of thls cooclant. For a ratio of

coolant flow to gas flow of only 0.02, the relative effectiveness
is about 2.2. This effectivenesa results from the apparent little
difficulty in obtaining high inside heat-transfer coefflclents
with water.

Consideration of liquid cooling leads to the possibilitles of
the use of fuel as & coolant. This use would minimize the heat
loss because the heat energy wouléd reappear in the combustion
chamber when the fuel 1s burned. The effectlveness of kerosene las
much lower than water, however, because the heat-transfer coef-
ficlents are only gbout one-fourth the values obtalned with water.
The curve In flgure & labeled fuel-air ratlo ls the ratio of the
fuel required to obtaln the ges tempsratures corresponding to the
relative-effectiveness values on the ordinate to the gas flow pass-
ing through the turbline. Fuel-alr ratio and ratio of coolant flow
to gas flow have the same value along this line., At a ratio of
coolent flow to gas flow of approximately 0.03, the curve of fuel-
alr ratio required for combustion crosses the curve of relative
effectiveness obbained with kerosene. At this polnt, 21l the fuel
used for englne operation 1s needed for cooling. The value of rela-
tive effectlveness 1s about 1l.25. If a higher effectliveness is
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required, more kerosene than is needed for combustion would be
required for cooling; thus recirculation of some of the fuel and,
consequently, a heat exchanger would be required.

Usually an effectiveness greater than 1.25 will probably be
reguired. Consequently, a heat exchanger would generally be neces-
sary for the blade configuretion considered even though fuel is
used as a coolant,

Comparison of various metals. - The relative effectiveness of

the hollow air-cooled bledes, the air-cooled 25-fin blade, and the
liquid-cooled blade when they were mede of various metals was next
determined. The 25-fin blade was considered because it was a0
superior to the other configurations considered applicable to rotor
blades. The hollow air-cooled blade was considered in order to
determine whether low-alloy-content materials could be used in a
blade that is eagily fabricated and at the same time the turbine
could be operated at current gas temperatures. In all cases,
results were obtalned using blades made of S-81l6, Cr-Mo-Va, and
SAE 1015. The alloy S-816 hag about 95 percent of alloying metals,
meny of which are scarce; Cr-Mo-Va hasg only about 5 percent of
strateglc alloying metals and gbout 95-percent iron, and SAE 1015
1s ordinary avtomoblle fender steel with no strategic alloying
metals. If SAE 1015 is used, a coating must be applied to pro-
tect 1t from oxldation and corrosion by the hot gesea.. About 2 per-
cent of alloylng metal 1s requlred to prevent oxidation and
corrosion.

The results for the hollow blade in flgure 7 indicate that
with Cr-Mo-Va blades, a ratlo of coolant flow to ges flow of 0.05
is required to obtailn a relative effectiveness of 1.0, or to oper-
ate at current temperatures. The curve for SAE 1015 never reaches
a value of relative effectiveness of 1.0, It iz evident that some-~
thing more efficient then the hollow air-cooled blade 1s required
if current gas temperature or slightly greater temperatures, which
are necessary to overcome coollng losses, are to be obtained with
nonstrateglic materials without using great quantities of cooling
alr. This requlrement leads to the 25-fin blade results, which are
shown in figure 8. With a ratio of coolant flow to gas flow of
0.05, the relative effectiveness of this blade made of Cr-Mo-Va
is 1.75 and even when mede of SAE 1015 it is about 1.4 at the same
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ratio., Thus, such a configuration with air-cooling provides a
golution to the double objective to he cbtalned by operation at
higher gas btemperatures anmd use of nonstrategic materials.

The effectiveness of liquid cooling when the blades are made
of various metals is shown in figure 9. As 1n the air-cooled 25-
fin blade, the water-cooled blade has a high relative effective-
ness even when nonstrategic materials are used., The results with
kerogsene cooling are much lower bubt a relative effectiveness
greater than 1.0 can be obtained at high coolant flows with
Cr-Mo-Ve blades. A relative effectiveness of more then 1.0 is
impossible with SAE,1015 blades. The S-816 blades have a relative
effectiveness of 1.8 at & ratio of coolant flow to gas flow of 0.10,
which is required for a relative effectiveneas of 1.0 for the
SAE 1015 blades. Calculations were made to determine the effective-
ness of water-cooling using 255 (aluminum) blades. The reaults in
figure 9 show that even with 268 at a ratio of coolant flow to gas
flow of 0.10 the reletive effectiveness is greater than 1.0. Both
the high conductivity and the light welght of 25S are favorable
factors in obtaining high gas temperatures. It has low-strength
characteristics, however, which is an unfavorsble factor.

The analybical studies of liguid cooling showed that the cool-
ing passage must be placed close (about 1/4 in) to the tralling
edge (refersnce 10) in order to have satisfactory trailing-edge
temperatures. The trailing-edge temperature Increases rapldly
according to current analytical methods, which neglect cooling
effects of the gas temperature in the boundary layer, as this dis-
tance 1is increased.

Cooling Requlrements for Englines

Because of the promising results of the studlies on possi-
bilities of turbine-blade cooling using simple analyses, further
satudles were made of the cooling requirements for engines using
more rigorous analyses. Studles were made of a varyling-design
turbojet engine, a varylng-design turblne-propeller engine, and a
typlcal turbolet engline.

Varying-deslgn turbojet englne., ~ The coollng=-air regqulirements
have been determined for a gerles of turbojet englines as & function
of blede-metal propertles and altltude for a range of turbine-inlet
tamperatures at optimumm-powsr pressure ratlo thus defining the prin-
cipal factors affecting the cooling process. A 12-fin blede con-
Piguration was used. The turblme operating conditlions were




20 NACA RM ES50A04

determined from a relatively simple cycle analysis for a range of
altitudes; the turblne stagling was selected to be consistent wlth
an average blade relative Mach number of 0.8 for the profile; the
heat-transfer coefficlents for the profile were computed from unpub-
lished correlations obtained in a statlc cascade of bledes; the
equation for one~dimensional heat transfer (including the effects
of centrifugal compression of the alr in the cooling passage,
reference 6) was used to determine the blade-temperature distri-
bution; and the temperature dlstributions so obtalned were matched
with the allowable blade~temperature dlstribution s fixed by tip
speed, centrifugal-stress distribution, and the 1000-hour stress=-
rupture characteristics of the materlals in guestion.

The results of this analysis for the flrst stage of the turbine
are given iIn figure 10. Ratio of coolant flow to gas flow is
Plotted against allowable offective gas temperature for two alti-
tudes and for two materials, S-816 and Cr-Mo-Va, the nonstrategic
material. The compressor pressure ratio of each engine was opti-
mum from a power consideration for the temperature used. The
assumed compressor and turbine efficlienclies were 0.85. It is
immediately apparent that, with the assumed conditlions, the regquired
ratios of coolant flow to ges flow rapldly increase with simul-
taneous increase in turbine-inlet or effective gas temperature and
compressor pressure ratio. This rapid increase results from two
principal variations. Obviously, the temperature difference
between the gas and the blade lncreases; but, in addition, the
blade heabt-transfer coefficlent is independently & function of
local static pressure within the stage because the heat-transfer
correlation is based on boundary-layer conditions. Compressor
pressure ratlio, turbine-stage pressure ratio, flight speed, and.
altitude thus appear directly in the density term of the Reynolds
number, whereas in the conventional correletion the Reynolds num=-
ber is a function of the mass veloclty of the stream, and the heat-
transfer coefficlent would be independent of pressure ratio at con-
stant mass velocity. Increasing altitude for a given engine (tem-
perature and pressure ratic fixed) results in substantial inoreesses
in desired ratios of coolent flow to gas flow. An explenation for
the increase in required ratio of coolant flow to gas flow with
altitude can be seen from the equation derived for blade-metal tem-~
perature (reference 6) in which metal temperature is a function of
the ratio of outside and inside heat-transfer coefficlents, the
outgide heat-transfer coefficient, and the coolant flow. The effect
of fins in the passage 18 to megnify the effect of coolant flow on
the inside heat-transfer coefficient. The reduction of density
with altitude therefore has & greater effect on the inside heat-
transfer coefficlent causing the increase in requirements of ratio
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of coolant flow to gas flow with altitude. For a given set of con-
ditions, the ratio required 1s also appreciably Increased when the
nonstrategic material is substltuted for S-816. At high altibtudes
the cooling=-alr Mach numbers for a given ratio of coolant flow to
gas flow are apprecliably higher than those at sea level. The ratilo
of coolant flow to gas flow that can be used depends on the losses
obtalned, which have to be included in an over-all ansalysis,

The results of the analysis are only approximate for the
following reasons: The variation of blade helght with cycle design
condlitions was not included, which makes the results pessimlstic;
in practlice the blade helight would be decreassed at the high tem~
peratures and pressure ratios, and lower ratlios of coolant flow to
gas flow than those indicated in the curves would be necessary; the
1limits of permissible ratio of coolant flow to gas flow as deter-~
mined by losses have not yet been esteblished for the turbojet
engine but there 1ls reasmon to believe that they are higher than
those permissible in the turbine-propeller engine.

The conclusions that can be drawn currently are that for the
high-performance turboj)et englne, when the limitations of the analy-
gis are considered, the appllcation of nonstrateglc materials is
feasible for turbine-inlet temperatures up to 3000° R (effective
gas bemperature of about 2750° R) at optimum power pressure ratio.
Nonstrategic materials also must develop the highest possible physi-
cal properties through careful selectlion and heat treatment; the
blade profliles must be desligned to favor minimum surface heat-
transfer coefficlents; and the internal-passage conflguration must
be highly refined to permit maximum effectiveness., The application
of nonstrategic materials to high-performence engines presents formi-
deble problems requiring extensive research, but the gains in per=-
formence and the sirateglc necessity for reduction in alloy content
Justify the effort. The potentialitiez at current turbine tempera-
turs and pressure ratios probebly can be readlly attained with
development of the fimmed-blade configuration.

Varying-deglign turbine-propeller engine. - Applicatlon of air

cooling to the turbine-propeller engine has been analyzed to some
extent for the optimme-power pressure-ratlo conditions at an alti-
tude of 35,000 feet using a 25-fin blade, similar to that shown in
figure 5, made of 5-816 alloy. The required first-stage ratlo of
coclant flow to gas flow wes found to lncrease repldly from about
0.02 at an effective gas temperature (approximstely 0.80 times
turbine-inlet temperature) of sbout 2100° R to 0.18 at about 3100° R,
as shown in figure 11. The effect of simultaneous increase in gas
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temperature and cycle pressure ratio la similar to thet In the
turbojet analysis. The resulis are pessimistic for the sams
reasons given in the turbojet analysis.

Additional celouletions of the flow in the lnternal passage
mede using current compressor pressure ratios including the simul-
taneous effects of friction loss, momentum change, and centrifugal
compression indicate that the pessage would choke near the blade
tip for the ratio of coolant flow to gas flow of 0.18 and &
positive pressure ratio of about 2 from blade root to tip was
required in addition to the centrifugel compression in order to
overcome the frictlion end momentum-pressure losses. With a
pressure ratio of slightly over 3 per stage, which was assumed,
calculations showed that for the pressure-ratio values given the
cooling air would have to be bled from the compressor neer the
discharge end at a pressure ratio of approximately 25. Because
of the rapld state changes In the turbine, the second-stage ratio
of coolant flow to gas flow wes only 0.02 at an effective gas
temperature of 3200° R (turbine-inlet temperature, ebout 3500° R).

The cooling losses for the englne with an effective gas
temperature of 3200° R were analyzed and the approximate break-
down 1s as follows: The direct heat loss to the blades was
10.4 percent of the net brake horsepower; a substential part of
this energy would have been uneaevallable for work in any case
becanse even in uncooled englnes the thermel efficlency is only
about 30 percent and much heat 1s thrown away, so that the term
loss 1s misleading to some extent. The power reguired to pump
the air from the turbine hub to the blade tips was 3.9 percent
of the net brake horsepower; and the power in the mein compressor
required to increase the alr to the required pressure was 10.9 per-
cent of the net brake horsepower of the engine. The total pump-
ing losses are thus about 15 percent, which would increase the
specific fuel consumption from approximately 0.264 up to 0.293 pound
per horsepower-hour although the specific output would remain
very high, about four times that of current turbine-propeller
engines.

Typical turbojet engine.- An analytical study was mede of the
possibility of cooling a typical uncooled turbojet engine. The
method of analysis was similar to that previously given for the
varying-design engines. The solld blades on the uncooled turbine
were assumed to be replaced by air-cooled blades. Two configu-
rations were studlied: blades with seven fins, and blades with an
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insert simllar to the blade shown in figure 5. Because the origl-
nal uncooled turbine blade was so thin, a choking Mach number in
the alr passage was reached at an altibtude of 20,000 feet. Conse-
quently, altering the blade design, which increased the lnside
passage areas by 40.percent and reduced the number of blades

from 120 to 100, was necessary. This alteration, of course,

would necessitate a redesign of the blade profiles. The assumption
weas mede thet the blades were without shrouds. This esswupbtion
mekes a large dlifference In required rabtlios of coolant flow to gas
flow because shrouded blades are more highly stressed than unshrouded
blades. With the altered blades, calculations of the ratio of cool-
ent flow to gas flow required to maintaln the seme turbine-inlet
temperature (20000 R) aa currently obtalned by the engine were

made, The calculations were made for a range of altitude, blade
life, and three materlals. The materials were Cr-Mo-Va with

ebout 5 percent of strateglc alloys end 95 percent of iron, C-Mo
with sbout 1 percent of strateglc alloys, and SAE 1015 with no
alloys. .

Some resulis of the calculations are shown in figure 12. The
curves in figure 12(a) show the increase in ratio of coolant flow
to gas flow required by the rotor with fimned blades as blade life
based on stress-rupbure properties 1s increased for the three
materials. A 1000-howr life is ususlly assumed for airplane service
but for missile appllicatlions a much shorter life could be assumed.
The assumpbtlion of a certain life value does not meen that such a
life will be obtained in prectice. A high value is chosen because
other stress factors that camnot be evaluated may appreciably reduce
the agsumed.'value. Small decresses in alloy content appreciably
increase the ratio of coolant flow to gas flow required. In
general, reduction from 5§ to O percent Increases the ratio of
coolant flow to ges flow required from 1.5 to 2.5 at 100 hours of
blede life. Reduction of life expectancy fram 10,000 to
100 hours appreclably reduces the required ratio of coolant flow
to gas flow. ZFrom these curves, the service requlrement is evie
dently an important factor and therefore the alloy content should
not be reduced tooc much., A very satisfying result shown in fig-
ure 12(a) iz that for the altitude given, 40,000 feet, a dilution
of only a little over 0.02 1s reguired for 10,000 hours with
Cr-Mo=Va.

The effect of altitude and blade configuration on ratio of
coolent flow to ges flow is shown in figure 12(b) using Cr-Mo-Va
blades with 1000-hour stress-rupture properties. For the blade
wilth ingert and the seven-fin blade, the ratio of coolant flow to
gas flow increases to some extent as altitude increases. The
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ratios of coolant flow to gas flow with both blade configurations,
howsver, sre not excessive even at an altitude of 40,000 feet.
The blade with the insert 1s less effective, requiring about twice
the ratio required by the seven-fin blade. The nozzles or stator
blades required a ratioc of sbout 0.01. .

Calculations of the percemtage reduction in thrust of the
uncooled engine due to losses associated with cooling were made.
The calculations were made for a constant flight Mach number of
about 0.8 and a range of altitudes, The losses include the power
to pump the air through the turbine rotor and blades and the power
of the compressor to compress the cooling air to the pressure
required at the turblne-rotor inlet. The losses also include the
effect of extracting heat from the working fluid while expanding
through the turbine; this effect results in incressed turbine
pregsure ratio. This increase in turn reduces the avallable
Pressure for expansion through the Jet nozzle. The reduction of
downstream gas temperature because of the mixing of the cooling
alr with the gas downstream of the turbine rotor is included.

This decrease results in a reduction in jJet velocity. The loss
due to the air mixing with the gas 1s not included as it 1s an
intangible loss. The reduction in fluid for producing work in the
turbine 1s included. This reduction is caused by bleeding of air
from the compressor for the cooling. Finelly, the loss due to an
increase in fuel-air ratio is included.

The results of these loss calculations are shown in figure 13
for the seven~fin blade and the blade with insert where the percent-
age loss in thrust 1s plotted against altitude. A general decrease
in percentage loss in thrust occurs from sea level to 40,000 feet.
The loss in thrust apprecisbly increases ss ratio of coolant flow
to ges flow 1s increased, from about 5 percent at a ratio of cool-
ant flow to gas flow of 0.03 to about 16 percent at a ratio of 0.07
at sea level for the blade with insert. Although use of the seven-
fin blede produces more logs in thrust than the bhlade with the
insert at a glven ratio, this difference is insignificant. Of sig-
nificence is the requirement at an altitude of 40,000 feet
(fig. 12(b)) of a ratio of only about 0,018 when the seven=Ffin
blade 1s used, whereas about 0.034 1s required when the blade with
insert is used. Consequently, from figure 13 the loss in thrust
would be only about 3.9 percent for the seven-fin blade as compared
wlth about 6.5 percent for the blade with the insert.

These results were obtained for the condition of maintaining
the turbine-inlet temperature at the same value as 1n the uncooled
engine. Because of the losses, the cooled englne would consequently
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have a lower powsr output than the uncooled engine. In order to
overcome these losses, which are not large, and to cbtain the same
power, the turbine-inlet temperature would have to be increased;
an approximste value was determined as 1600° F for the seven-fin
blede. This value would require the passing of more alr than

1.8 percent at an altitude of 40,000 feet through the rotor blades.

This discussion of a typical engine was mesde to point ocut
problems involved in applying cooling and the details of solution

are not of particular importance.

The logs study showed that the two most important effects,
especially for the blede with insert, are:

(a) Loss in turbine mass flow: For required compressor work,
the turbine pressure ratio must be increased, resulting
in lowered availsble Jet-nozzle pressure ratio.

(b) Loss in totel temperature of the gas in the tail pipe
due to mixing of turbine coolant at 960° to 1160° R with
the exhaust geses at 1660° to 1760° R: This loss lowers
total enthalpy avalleble at the Jet nozzle.

The entire study of the typical turbojet englne was most
encouraging. The ratios of coolant flow to gas flow required and
the loss in thrust were not excessive, and the end conclusion that
seems to be indicated, which is current Jet-engine performance can
be obtained when cooling is applied to blades made of nonstrateglc
materials, is of immense importance to natlonal defense.

OBJECTIVES OF TURBINE-BLADE-COOLING RESEARCE

Because of the indicated improvement in specific thrust and,
in some ceses, specific fuel consumptlon due to increased turbine-
inlet temperature and the probablility that nonstrateglc materlals
zan be used, the NACA has been conducting a research program on

- burbine cooling to apply and check the theoretical results.

The general objJectives of this research are:

(1) Provide knowledge such that turbines mede of nonstrategic
materlals can be operated at gas temperatures as high or
higher than those currently used

(2) Provide knowledge such that turbines can be operated at
high ges temperatures
The detalled objectlives of this research are:

(1) Provide enalytical methods for accurately designing cooled
turbines
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(2) Provide analytical methods for accurately evaluating per-
formance of cooled turbines and engines with such turbines

(3) Provide methods for conducting experiments and calculating
data on cooled turbines in order to be able to evaluate the
performance

(4) Provide experimental datae, obtained on rigs and turbines,
that are necessary to establish formulas for factors required
in the methods of design and evaluation of cooled turbines
for which no theory or inadeguate theory are avallable. Some
of these fectors are: heat-transfer coefficlents for the
bledes, both inside and outslde; friction factors for coolant
pessages; fluld temperatures effecting heat transfer, and
such factors as turbine efficiency, blade power, and turbine
mechanical losses; that 1s, data to establish formmlas for
performance, heat transfer, snd coolant-flow characteristica.

(5) Develop the theories by which the foregoing factors can
be determined

(6) Explore and expedite methods of manufacture of special
blade configurations
»

(7) Fabricate and operate actual cooled turbines

(8) Analytically explore the possibilities of cooling on engine
and airplane performance considering all variables such as
blade material, material life, blade configuration, service
requirement, ant so forth

() Expedite the accummlation of material properties such as

fatigue, stress-rupture, endurance limits, and notch sensi-
tivity at elevated temperatures

STATUS OF COOLED-TURBINE KNOWIEDGE AND INVESTIGATIORS
The status of cooled~turbine knowledge and investigations

includes a discussion of the status of theoretical knowledge and
experimental investigations, cooling-flow characteristics, turbine
and engine performance, turbine performance characteristics, and
engine performance characteristics.
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Theoretical Knowledge of Heat Transfer

Alloweble blede~temperature distributions. - In order to

establish the allowable gas temperature at which & cooled gas
turbine can operate for a given coolant flow or to establish the
coolant flow required to operate at a glven ges temperature, the
allowable blade-temperature radial-distribution curve must be
determined. A discussion of 1ts use was glven in the discussion
of figure 3. In order to predioct the operating 1life of a unit
with a reasongsble degree of accuracy and to keep the required
coolant flow to a minimum, the allowable temperature of a turbine
blade must reflect the actuel physicel properties and stress dis-
tribution of the blede as clogely as possible. In analytical work
to the present time, the centrifugal stress imposed on the blede
hes been used in conjunction with stress-rupture data to determine
an allowable temperature-distribution curve, as previously explalned.
The characteristic of this curve is to show a lower allowable tem-
perature at the blade root where centrifugal stress is highest.
(See fig. 3.) Because thermal stresses are present in & cooled
blade, a relation, as previously noted, 1s needed between thermal,
centrifugel, and gas-bending stresses for a particular blade. An
additionel stress la the vibratory stress, which 1s caused by vari-
ous factors discussed in CURRENT LIMITATIONS ON PERFORMANCE., The
knowledge of blade stresses is extremely limited es are data on
elevated -temperature endurance limits, and so forth, which are
needed to calculate accurately the allowable-temperature-
digtribution curve.

A brief description of the current method of obtalning the
allowable~temperature-distribution curve is as follows: The cross-
sectlonal areas of the metal portion of the blade Ay from root

to tip are plotted against the distance from the root. Small incre-
ments of rotor radins d4dr from the blade root to tip are taken
and the stress at the tip calculated from

. B (43),y dr wr

144 A:B

where 4Ap 1s the area at the bese of increment and (AB)av is the

average cross-sectional area of the increment. For the next incre-
ment toward the root, the stress is calculated fronm

B + pp (4g)ay dr 0%r

144 A
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where all terms correspond to the increment under consideration
except B. The term B equals the stress multiplied by the base
area of the first increment. The stress of each remaining incre-
ment is determined 1in a simllar manner, B 1in each case being the
stress multiplied by the base area of the preceding increment. If
the stress dlstribution of the blade 1s known, the allowable tem-
perature distribution can be cbtained from stress-rupture data for
the material used in the blades. Usually the stress-rupture data
are plotted as stress agalnst temperature with life in hours as a
parameter.

Actual blade-temperature distributions. - The theory for deter-
mining actual blede-temperature distributions is almost complete.
Considerable work has been published by both the NACA and in Germany
on this subject. The German work ls summerized to some extent in
reference 12. As previously stated in the discussion of the methods
of analysls for comparing cocoling methods, the temperature-
distribution equations for air-cooling are derived In reference 6
and for water-cooling in references 9 to 1l1. The theories are com-
plicated and involve assumptions; the details will not be discussed.
It 1s sufficient to note that much theorsetical information is avall-
able for calculating the actual temperature-distribution curve (solid
line, 7ig. 3). The equations are long and the material must be put
in more usable form for designers. The NACA 1s endeavoring to pre-
pare charts from which blade temperatures can be determlined for
varioue blade configurations, coollng methods, and materilals. The
reduction of the results from complicated equations to chart form
is uncexrtain,

The following example of such an equation for radial tempera-
ture distribution is for alr-cooled blades based on ons-~dimensional
theory:

-7 2
Tg e TB,I 1 @ w&b x
2 = +X~-Yje = ' =— — « X + Y
Tg,e - (Ta,e)h Al &Hyl, Tg,e - (Ta.,e)h] b
where
= 1 Hylob x
A+l ¥a®p,a b
Holo

Hy ¥
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mzrhwa
olo [Tg 0 - (Ta, o)1)

.
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BJHOZIOZ[TS:G - (Ta:e)h]

A+ 1)°p,a.

The blaie temperature depends on the effective fluid tempera=~
tures Tg,e and (Ta,e)h and the convection heat-transfer coef-

flclents H, and KEj. (Radiation was neglected in this derivetion
8o that radlation coefficients do not appear. A discussion of this
procedure is glven in reference 6.) The blade temperature is con-
sequently only as accurate as the accuracy of the effective fluid
temperatures and the heat-transfer coeffIzlents. These factors
will be subsequently discussed.

General theory for convectlon heat-transfer coefflclents. - All
problems of convection heat transfer are problems of flow of heat
through the bourdary leyer. Consequently, setting up the equatlons
for the flow of Tluld and the temperature variation in the boundary
layer supposedly could establish the heat-transfer coefficlent laws.
The heat-transfer coefficient would be obtained from the slope of
the fluld-temperature curve at the wall using the eguation

= -kf(aT/ay)zg 0
Tr,0 - Ty

E

(3)

Detalls of this relation are discussed in reference 13.

Dryden (reference 14) has set up such equations for both lami-
nar ani turbulent flows. For laminar flow, nlre equations, five of
which are dlfferentlal equations, result with nine unknown terms.

TUp to the present time, little progress has been made in the solution
of this formidable problem. Simple problems, such a3 for flow
through a tube and across flat plates, with the assumption that the
flow is one or two dimenslonal, and many other assumptions have

glven rise to a solution of the equations that flts experimental
results falrly closely. For bturbulent flow, the equations are more
difficult; the fluctuating-veloclty terms and thelr equations enter
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into the problem in addition to equations of the type for laminar
flow. Consequently, the theory of heat transfer in eddying flow is
unsatisfactory.

As in many other fields of technical physics where the dif-
ferential equations governing the phenomena are such that solutlion
is impractical, if not altogether impossible, experimental tech-
niques aided by the method of dimensionel analysils based on the
n  theorem have proved a valuable tool in the treatment of heat-
transfer problems. By use of such an analysis, the Nugselt number,
which involves the convectlon heat-transfer coefficient, can be
shown to be a function of the perameters given in the followlng
equation:

T, - T.)J
Nu =  |Re,Pr,Gr,M, kf( X zf s B(Tx - Tf): %—J
&pVe
The case of natural convectlon for which V., = 0 1s first
considered. The Reynolds number Re, Mach number M, which

involves Vp, and the term ke(T, - Tf)J/&.Lfoz are then absent
and the equation becomes

Nu =y [Pr,Gr,B (T, - Tp), %]

The quantity B(Tx - ‘I'f) is a measure of the volume changes in
the fluld but has considerable Influence only in speclal problems,
such as in the loss of heat from a hot wire of very small dlameter.
As a consequence, the eguation for natural convection hes generally
been of the form )

Nu = ¢' ' (Pr,Gr)
for a given D/L.

For forced convection, the natural-convectlon currents are
usually negligible so that terms Involving B and g have no
inflvuence on the heat transfer. The Grashof number Gr and
B(Ty ~ Tg) are then absent. It is also an experimental fact
that H in the Nusselt number Nu 1s proportional to ('1‘1 - Tp).
A term involving (T, - Tg) therefare camnot enter on the right
side of the equation. Thus for forced convection, the equation
reduces to
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Na = y''" (Re,Pr) (4)
for a given D/L.

Experimental evidence indicates that the D/IL term is gener-
ally negligible and the equations given for natural convection and
forced convectlon have been applicable to most heat-transfer
problems. The functions Y'' and Y''! must be experimentally
determined.

Nothing has been sald about the Mach number M in equation (4).
In the past, flows have been at slow speed, which autamstically
eliminated M. As M increased, in the equation for E (egua-
tion (3)) the temperature Te,0 hed to be replaced with the
effective fluid temperature Ty ¢ 1in order to eliminate M from
the equations. The relation 'bei’:ween the effective temperature and
the static and relative total temperatures was previously given
(equation (1)). The effective temperature of the £luid is the tem=
perature the body wlll assume, for the same fluid conditlons, when
it is umheated and uncooled.

Turblne~blade "gas-to-blade" convection coefficlients. = An

equation of the form of equation (4) has successfully been used to
correlate heat-transfer data when flulds are flowing arourd pipes,
across tube banks, and around streamline struts for design asngle of
attack. The Nusselt number is based on average heat-transfer coef-
ficlents. The appllcation of one functlon ''' %o all turbine-
blede shapes, ranging from impulse blajes to reaction blades, and
for all angles of atback 1s optimistle. Rather, it 1s to be expected
that for each blade shape and for each angle of attack of the flow a
different function will prevail. Also the function will probably
change with or wlthout nozzles upstresm of the rotor blades. A

plot of Nu divided By Pr raised to some power agsinst Re will
therefore show geparate curves for each blede shape and angle of
attack.

The reason for the 1nablllivy to correlate all the average heat-
tranasfer coefficlents for blades on one curve, as is done for tubes,
beccmes evident when flgure 14 1s considered. This schematic
sketeh 1llustrates the flow that may exist around a2 twrbine blade
at design angle of attack. Studles that have been made indicete
that the flow in the boundexry layer on the concave side of the
blade will be laminar. On the convex side, howsver, a trensition
from laminar to tuwrbulent flow cccurs at some point along the
surface. The heat transfer for leminar flow is much less than for
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turbulent flow so that the average heat transfer for the blade will
change eppreciably depending on the extent of the laminar and tur-
bulent regions. Blade shape end angle of attack can appreciebly
changs this transition point. Another factor that has become evi-
dent concerning heat transfer and flow is that the decreasing ratio
of the temperature of the surface to the fluid temperature outside
the boundary layer increases the stability of the boundary layer,
delaying the separation point of the fluld from the surface and
the transition from laminer to turbulent flow. Whether the fluld
separates or not will, of course, greatly affect the heat trans-
fer, The temperature ratio mentioned also seems to be another
Pactor that enters into equation (4) and affects the heat trans-
fer even though the fluld does not separate. A high heat-transfer
rete from the blade to the coolant, which removes a large amownt
of energy from the boundary layer thus lowerling its pressure, can
cause separation to occur sccner then a low heat-transfer rate.
All these factors necessitate development of theoretical means

for determining local values of heet transfer around the blades
for any blade shape and angle of attack that can be averagsed to
obtaln points on a curve, whioch follows a law such as expressed
by equation (4) . Only by such means can a reduction be made in
the tremendous smount of experimental research that would other-
wise be required to establish curves for all the varlations that
exist in blade shape, and so forth.

The ultimate approach to these heat-transfer laws 1s to derive
methods whereby the heabt~-transfer parameters can be independently
determined from aerodynamic conslderations such ag blade~-profile
shape, relative flow angles and Mach number, velocity dlstribution,
and the laws governing the development of the boundexry layer
becange the boundary leayer 1s controlling. The two general methods
of solving boundary-layer problems are:

(1) Solving the boundery-layer differential equations of con-
tinuity, motion, and energy

(2) Solving the boundary-layer momentum equation

In reference 15 are listed solubtions by various investigators
using the first method for incompressible flow and nonvaristion of
fluid properties in the leminar boundary layer, that i1s, density,
viscosity, and specific heat are constant from the wall to the
stream, Some of these investigators sssumed & pressure gradient
of zero parallel to the surface (flat plate) but partly accounted
for the pressure gradient by Inserting locel veloclty in the egua-
tion for heat-transfer coefficlent. Others, after the assumption
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of a pressure gradlent of zero, lntroduced a boundary-layer thick-
ness that embodled the veloclty varlation along the surface. Refer-
ence 15 presents a solution bagsed on a combinatlon of both methods
wherein the pressure gradient wes neglected in the energy equation
but considered in the momentum equation. Fluld-property varistion
and compressibllity effects were neglected. For hligh heat trans-
fer, the property varistion is significant but for a Mach number
less than 0.2 neglect of compressibility is not serilous.

The Pirst method is used in reference 16 and incluies com-
pressibllity effects and fluld-property variation bhut neglects the
effectas of a pressure gredient. This method is also used in refer-
ence 17 and includes the preessure terms dbut excludes fluild-property
varlation and compressibllity effects.

The work of Crocco and Conforto, which is similar to refer-
ence 16, 1ls utllized in reference 13 and a method for correlating
heat transfer 1s obtained by basing the temperature for fluld-
property evaluation on & function of Mach number and temperature
retio. This method, however, is for a pressure gradient of zero.

The effects of fluld-property varistion and the pressure gradi-
ent have not been included In the same enalysis, lusofar as can be
determined. An investligetlon utlilizing reference 16 1s belng meade
by the NACA to account for these two significant features of the
heat transfer with a laminar boundary leyer.

With the use of method (1), the Reynolds analogy (Prandtl num-
ber, 1 and pressure gradient, 0) was employed in the turbulent cese
that resulted ln the dependence of the heatstransfer coefficient on
the friction factor. Modifications of this analogy to apply for
other values of Prandtl number and pressure gradlent have been made.
The momentum equation (method (2)) was used by some investigators.
The results of the use of both of these methods are shown in refer-
ence 15, Some of the equations for heat-transfer coefficient
account for a nonunit Prandtl number, whereass all the eguations
account for the pressure gradlent In some mammer. One of the basic
agsumptions is neglect of the dissipation bterm.

In reference 18 the first method and the Reynolds analogy are
used to obtaln an equation for heat transfer including dissipation.
The variance between this analysls and that where dlssipation was
neglected does not seem to be learge.
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Some eguations for the turbulent boundary layer derived from
Pipe-flow theory, which mey be applicable if a turbulent boundery
layer exists on a cooled turbine blade, are presented in refer-
ence 13,

From the stabllity calculations (reference 19), apparently a
laminar houndary layer might well exist for a cooled turbine blade.
Where & favorable pressure gradient 1s obtained, this existence
would be true and even with a slightly adverse pressure gradient
the 1az;inar region may still prevail when high cooling rates are
Present. -

Much work remains in order to arrive at a theory that will be
applicable to the conditions existing when heat is transferred from
hot gases to cooled turbine blades. Whether a satisfactory theory,
which will agree closely with experimental results, can be evolved
is currently unmesnswersble.

Radiation trensfer of heat %o blades. = Radlation from turbine
wells to stator and rotor blades and from stator blades to rotor
blades will probably have a prominent part in the heat-transfer
problem of the cooled turbine. The rate of railent heat transfer
depends on the well-kmown formmla that the heat rate 1s proportional
to the difference betwsen the hot body temperature raised to the
fourth power and the cold body temperature ralsed to the same power,
and to other factors, including a term called the gecmetry factor.
The equation for radiant heat transfer from & emall finite area of
turbine shroud to a amall finlte area of the blade is

R R e

o

The guantity under the integral signs is equal to the geomstry
factor multiplied by the small finite area on the blede suxrface
being evaluated. Although geametry factors exist for tubes and
other simple bodies, none exist for the complicated patterns such
es those formed between walls and bledes end stator and rotor
bledes. In addition, no theory exists for their determination.
The very tedious complex operation must thexrefore be performed of
£inding the individual factors for each small area on the blade
end for each smell area that this blade "sees" by using eqguation (5).
Large wood models, about 20 times the size of the blade cascade
must be made for accuracy. A device called a mechanical integrator
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described in reference 20 1s used to integrate graphically the
portion of the equation under the integral signs in equation (5).
The method of obtalning the average geometry factor for the blade
from such measurements i1s glven in reference 2Zl. The radlant~
heat aspect has recelved little attention and much work 1s required
to develop theories for calculating redistion geometry factors for
complicated shapes.

Turbine-blade convective heat transgfer to coolant. - The flow
of the coolant through the Inside of the blade can be thought of
ag flow of a fluld through a tube where the tube hes odd shepes as
in the blade. The tube could he formed by the blade walls in a
hollow blade, by the blade walls and insert outer surface, if an
ingert is used, which would result in & tube wilth & shape scmewhet
like an annulus, or by the blade walls and fin surfaces if fins
are placed Iin the passage. These shapes are illustrated in the
sketches in figure 5. A formula such as represented by equation (4),
which is applicable to flow through tubes, might therefors be sup-
posed appliceble for convectlon heat-transfer coefficlents on the
inside of blades, the tube shape of which may vary greatly. ZFor
the texm D In the Nusselt and Reynolds numbers, the average
hydraulic diameter of the passage D, or passages (if fins are
used) would then be used as is the practice for heat transfer in
rectanguler tubes.

For fully developed turbulent flow In plpes, 1t has been ascer-
tained (reference 3, p. 168) that the formule for heat transfer is

0.4 (6)

In which the fluld propertles were based on the bulk temperature of
the fluid. Evidence now exlsts Prom tests in tubes (reference 22)
where the ratlo of wall to stream temperature is far from one that,
as previously noted, an equation similar to equation (6) will not
apply over the entlre temperature-ratlo range. An equation very
similar to equation (6§) was determined to apply if the properties
of the fluid Including the density are based on wall temperatures.

¥u = 0.023 (Re)O'B(Pr)

An equation similar in form to eguation (6) has been found
to apply to convectlion heat transfer in annular spaces with the
dlameter replaced by the hydraulic dlameter of the anmnular space
(references 23 to 25 and reference 3, p. 200). In addition,
according to reference 24, the constant 0.023 has to be multiplied
by a factor dependent on the ratio of the dlameters of the inner
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and outer pipes forming the annulus, In all cases, the ratio of
metal-gurface temperature to fluld-gtream temperature was not
extreme.

Another factor that affects the heat transfer in tubes 1s the
distance from the tube inlet. Gemerally, &t the tube inlet the
fluld velocity is uniform across the tube and no boundary layer
exists, as 1llustrated in figure 15(a). 4As the fluild proceeds,
boundary layers, usually leminar, build up along the walls until,
if the Reynolds number is low, fully developed laminar flow with
a parabolic velocity distribution exists in the tube, as Indlcated
in the velocity-distribution diegram in figure 15(a). If the
Reynolds number in the main stream is high, the laminar layer will
change to a turbulent layer at some transition point and finally
grow to a point where fully developed turbulent flow will exist in
the tube some distance from the inlet, The heat-transfer coef-
ficlent varies, as indicated in figure 15(a), to the point where
fully developed laminer or turbulent flow exists. Its variation
will also depend on the Reynolds number of the fluld. Consequently,
formulas such as equation (6) apply to only a limited condition,
for fully developed flow-veloclty distribution and not to the tran-
sition section. Some agpects of effect of inlet length are dis-
cugssed in more detall in reference 26.

In the cooled-turbine-blade inside passages, inlet effects on
heat transfer on the inside may occur depending on the manner in
which the alr is introduced at the blade rooct. If the air enters
the blade from & chamber that is rather large, the flow may be some-
what similar to that described downstreem of the tube in the pre-
vious paragraph. Other arrangements may ceuse a flow that has
appreciable boundary-layer thickness at the blade root. The
annular-space discussion points out that in trylng to correlate
heat transfer in hollow blades with that in hollow blades with an
insert, which forms a sort of ennulus, a factor based on the annulus
dimensions may have to be used as a multiplyling factor in the egua=-
tion for the hollow blade before agreement is obtained with blade-
with-insert results.

No known data exlst on heat-transfer coefficients inside
turbine blades. It 1s impractical to expect to obtain data inside
bledes of ordinary cormercial twrbines that will (1) glve formulas
for variation of heat transfer ealong the blade span, (2) glve
factors that will correlate different 1nside geametries of the tube
passages, and (3) evaluate the type of flow existing. Only an aver-
age coefficient for & particular configuration and detalled data
on local coefficlents using large turbine rigs and stetlic cascade



NACA RM ESOAC4 37

rigs can be expected. When such detailed data are obtalned, 1t is
hoped that methods can be evolved to obtaln integrated inside coef-
ficlents that will check the average values, which will be obtained
on typlcal turbines.

As pointed oub, the foregoing method is recommended on the
premise that Reynolds and Prandtl numbers are the primary factors
effecting heat transfer. This premise is usually valid for forced
convection. As previously noted, the heat-transfer eguation
derived by dimensional anaslysis hes many paremeters that affect
heat trensfer. The a2bsence of most of these paremeters, such as
that for forced convection, is due to the negliglble effect they
have for the exlisting type of flow. In the cooled turbine,
especlally in the coolant passage, the Grashof number may also be
a factor affecting heat transfer because the Grashof number for
ordinary natural-convection processes contains the gravity
term g. In a turbine, however, when the coolant pessage is con-
sgldered, g must be replaced by a term, which may. be from 10,000
to 50,000 times the ordinary value of g depernding on the turbine
speed. As a consequence, the Grashof number reaches values that
are appreclable and in some cases, such as when the water holes
are not drilled through, may overwhelm the Reynolds number effect
on heat transfer and therefore eguation (8) would not represent
the experimental findings.

A turbine has been operated in Germany on & natural=convection
principle using water &s the coclant. The holes are not drilled
through, as shown in the sketch in figure 15(b) and the water flows
up through the center of the holes and down the outglde of the holes.
The NACA also hes two water-cooled turbine wheels using this
cooling principle.

Effective fluld temperatures. - The heat-transfer coefficlent
1s affected by many perameters, as brought out in the discussion
of the general theory of convectlve heat transfer. These paremeters
cen be determined by mesns of the dimensionel theory. One such
persmeter is the Mach number of the fluid. As mentioned, depending
on conditions of flow, scme parameters have negligible effect and
the experiments result in formmlas that do not contaln these
parameters. In the past, a great amount of regsearch on heat trans-
for was conducted st low Mach mumbers and this parameter did not
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affect results. Consequently, although from dimensional theory
Mach number would appear in the heat-transfer-coefficient equation,
in experimentel formulas 1t did not appear. Also, the choice of
temperature to use for fluid temperature in evaluating the heat-
transfer coefficient H d4id not appear to affect H. Consequently,
stream static temperature was usually used. As fluld speeds
increased, however, the coefficient H was affected by Mach num-
ber if H was determined using stream static temperature.

Several theoretlcal analyses and some experiments have recently
been made fram which it has been determined that the normal type of
formula, In which Nusselt number is a function of Reynolds numbexr
and Prandtl number, ls applicable to high fluid speeds 1if the heat-
transfer coefficlent is based on the effective fluld temperature
(references 4, 13, 18, and 27 to 32). That is, the Mach number
parameter drops out of the equation for Nugselt number on this basgis,
The effective fluid temperature 1s the temperature affecting heat
transfer and 1s. equal to the temperature the body surface would
agssume 1f 1t were thermally insulated, no heating or cooling, under
the game fluld conditlons for which the heat~transfer coefficilent
is belng determined. The effective fluld temperature is thus the
adlebatic surface temperature. A discussion with diagrams of the
formmles for H on different bases and on adlabatic surface tem-
perature is given In reference 13,

The adlabatic temperature of a body such as a turblne blede,
like that for a thermocouple, can bs determined using formulas simi-
lar to equation (1) from the total and static temperatures of the
£luid flowing around or through the body and from a recovery factor
if they are known.

A general summary of the work done by many investigators to
establish the formmlas for the recovery factor A for several
bodies 1s given in reference 13. In general, the conclusilon has
been mede thet Prandtl and Mach numbere are the peramount parameters
affecting A . Some theory and experiments on flat plates indicate
that A varles as APr. Investigations on a cascade of turbine
blades (reference 27) shows that

A

J?r—_z f(M)

No analytical solutions for determining the effective fluid
temperatures outside and in the cooling paasages of turbine blades
are available. The solution of the bounmdary-layer equations, which
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wlll lead to methoda for calculabing the characteristice of the
£luid in the bhoundary layer 1s the first step in the analytical
determination of effective fluld temperstures. Recovery factors,
and thus effective fiunid temperatures, have been analytlcally evalu=-
ated for flat plates and for wedges, the wedge evaluatlon belng for
leminar flow. This work is described in reference 13. These
methods of evaluabtlon cen serve as guldes for the turbine-blade
recovery~-factor analytical evaluations.

Experimental Investigations on Turbine-Blede Heat Transfer

Regqulremsnts for apparatus. - Because of the lack of analytical
methods to calculate various heat-~transfer factors required in the
evaluation and design of cooled turbines, experimental procedures
and apparatus and experimental date obtalned therefrom are required
to obtain the factors. In experimenis, both the static cascade and
the rotating cascade, which ls used 1n both turbine rigs and
turbines, are required.

In experimental work, the stationary cascade is an essential
pert of a researoch progrem leading to the development of relleble
nethods and physical relationa for ratlonal design of cooled-turbine
englnes. An adequate understanding of the advantages and the
limitations of blade coolling reguires research that cannot very
woll be conducted on a full-zcale turbine., Blade-cooling Investi-
getions in an actual Hurbine suffer four severe limlbtations:

(1) Inaccessibility for necessary instrumentation

(2) Tmpossibility of isolabing and individually controlling
convectlon, radistion, and conductlon without exceeding con-
struction and operating restricilions

(3) Restriction of maximm ges temperature in existing mechines,
which effectlively prevents rapid exploration of cooling
processes abt the hligh temperature levels

(4) Tmpossibility of rapidly investigating various cooling
methods, blade conflgurations, and so forth

Both besic and empirical data can be obtained with static cas-
cade rigs. The distinctlion between basic and empirical data depends
on the method of approach in layout and operation of the rig. Basic
data for the heat~transfer egquations may be obtalned by breeking
down the problem to eliminate or to control each effect and thus
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determine true convection and radistion coefficienta. The ana-
lytical methods are then used to combine the basic elements for
design purposes. The empirical data would be obtained where the
rig was designed and operated to reproduce the conditions of an
actual turbine stage. The data would consist of temperature-
response relations resulting from changes in inlet temperature,
radiiation-gource temperature, angle of attack, and so forth.

With static cascade rigs, the effects of all or some of the
following factors on heat-transfer coefficients and blade tempera-
tures can be studied:

(1) Gasg=-temperature variation

(2) Coolant-temperature variation

(3) Coolant flow

(4) Gas flow

(5) Rim, air, liquid, £ilm, and boundery-layer cooling

(6) Blade configuration

(7) Blede size (blades range in size from 3/4- to 6-in. spen,
for example)

(8) Blade angle of attack

(9) Rediation heat transfer

(10) Convection heat tranafer

(11) Ceramic coabings

(12) Coolant Mach, Reynolds, and Prandtl numbers
(13) Ges Mach, Reynolds, and Prandtl numbers
(14) Blade material

The rigs should be so constructed that either local heat-
transfer coefficients around the blades, average coefficlents, or
both can be obtained. In general, much of the basio data should
be obtained using hot and cold air or cold water (these data should
be checked at high temperatures with combustion gases) in order to
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isolate convection effects, to overcome the lack of knowledge con=-
cerning combustlion~gas properties, and to eliminate as much as pos=-
sible the effects of cerbon deposits on the bledes and the possi-
bility of incompletely burned geses. On the basls of cascade aero-
dynamic data, the number of blades should be as large as is per-
mitted by the facilities. Heat dams should be provided to elimin-
ate heat losses from the blade ends as much as possible. On the
coolent side, the blades should be instrumented in such & manner
that inlet effects on the heat-transfer coefficient can be cbtained.
The coolant flow, of course, is not fully developed into turbulent
or laminar flow until 1t proceeds some distance through the blade
coolant passages. Thermocouples should be so located on the blades
that the spanwise distribution around the periphery is obtalned,

as well as a detalled peripheral distribution along the span. In
addition, the coolant pessage should be fully instrumented along
the camber line of the blade at ebout two stations representing
inlet and outlet of the instrumented part of the blade. An
additional probe should be used in conjunction with these surveys
to determine the conditions in the passage between the bledes.

Boundary-layer temperatures and velocities are required for a
full solution of the cooling problem. The practical size of atatic
rigs precludes use of pressure tubes in the boundary layer; multi-
plication of the estimated boundary-layer thickness of the ges film
around the blades by a factor of at least 4 would pexrmit such use.
Near leading edges, hot-wire probes are also severely limited in
application. Beceuse of aerodynamic loading at velocities in
excess of 100 feet per second, wire length-diameter ratiocs must
be restricted to values of the order of 60. End-conduction effects
are large and difficult to calculate accurately because of
uncertalnties in flow and temperature dlstributions. Other effects
too numerous to mention affect the accuracy of measurement. Some
simple calculations show that interfercmetric methods can be used
to obtain boundary-layer measurements in static rigs of the size
that 1s practical. Excellent photographs of flow around turbine-
blade profiles were obtained (reference 33) with an interferometer
and indlcate that such methods can be used to determine boundary-
layer characteristics.,

The advantage of belng able to apply data from statlc cascade
rigs, which are simple to comstruct andi to operate, to turbine
deslgn is evident. The epplicebility of the data is determined
by checking against data from rotating blade cascades. Robtating
blade cascades are expected to yield comsidereble data on such
factors as boundary-leyer flow with centrifugel forces and under
railal pressure variations on both inside and outside surfaces of
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the blades, natural convection effects tending to augment the
internal heat-transfer coefficient, compressibility temperature-
rise effects in cooling-alr passages, actual losses incldent to
pumping air through blades, and relative losses of various dis-
charge methods (that is, from tip, with and without controlled
vector, or into boundary layer). None of these vital factors can
be handled in statlic cascedes.

A turbine rlg, including the blades, should be thoroughly
instrumented with both thermocouples and pressure tubes. Measure-
ments should be taken in the blade-cooling passagea to determine
flow and heat-transfer coefficients. The thermocouple and pressure
leads from rotating parts will probebly have to run radially inward
between the disks into a hollow instrument shaft, which will also
serve to drive pressure and temperabture pilckups.

Description of NACA apparatus. - Currently the NACA has at the
Lewls laboratory four statlc cascade rigs, two speclal static rigs,
two turbine rigs, and four cooled turbines in the process of design,
fabrication, or operation or a total of 12 pieces of apparatus to
atudy the turbine-cooling problem.

A typlcal statlc cascade is shown in figure 16. This cascade
was one of the earlier models and four blades were wIed. Because
of the great quantitlies of air needed and the large apparatus
reculred to heat this ailr to obtaln high f£luld Mach numbera between
the blades, the number was restricted to four although more blades
should be used 1f possible. The blades are hollow so that cooling
air can be passed through them. Because of thelr large size,
about €~inch span and S5-inch chord, they are fully instrumented to
obtaln complete data on hot-gas, cooling-air, and blade~temperature
and -pressure characteristics. The mess of instrumentation 1s evi-
dent In the figure. PFacilities are available for both hot-
combustion-gas and hot-air determinations. This rig is used to
obtain local heat-transfer coefficients around the outside of the
blade and in the blade=-cooling passage.

One of the speclal static rigs is shown in figure 17. This
rig 1s used to study the boundary layer around a cooled turbine
blade; the data so obtalned are used to verify equations glving
the characteristics of the boundary if possible. When the
boundary-layer characteristics are known, the locel outside heat-
transfer coefficient, the recovery factor, and the effective gas
temperature can be determined as previously expleined. The rig,
as shown, has a moveble water-cooled symmetrical blade, which can
be rotated or moved across the tumnel section. The vertical walls
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of the rlg are also movable, rotate ebout a pivot, and have a
special shape. By movement of the walls and the blade, various
pressure distributions around the blade corresponding to typical
pressure distributions of various shaped turbine blades can be

set up. The blade is instrumented with thermocouples and pressure
taps and a hot-wire anemometer probe 1s used to obtain the tempers-
tures eand the velocities of the fluld in the boundary layer. This
rig is constructed but more development of the hot~wire anemometer
is required in order that 1t can satisfactorily operate in the
high~-temperature, high-velocity field.

The interferometer offers another method to determine the
characteristics of the boundary leyer around coocled turblne blades.
With thils instrument, a picture of the flow or "fringe patterns”
ere obtained. The deviation of each line in the fringe pattern
from a point on the line outside the boundary leyer is proportional
to the change in density. If the static pressure in the bouwndary
layer normal to the surface ls assumed constant, as is always done
currently, this deviatlon is then proportional to the temperature
change. A graphical measurement of the deviation of each line on
the interferometer pattern from & polnt outslde the boundary layer
and the measurement of temperature with a thermocouple at this
point will provide data on the boundery-layer temperature variatlon.
The other special static rig previously mentioned (fig. 18) is one
with which such data can be obtained. It 1s a wooden replica of
the rig in figure 17 except the walls and the blade cannot move.
The positions of the blede and the walle are such that the pressure
distribution 1s typical of that of turbine blades currently in wse.
The blade is mede of Iucite and is cooled by ethylene glycol, which
can be reduced in temperature to -40° F. The coolant manifolds on
each end of the blade are indicated in figure 18. They obstruct
the view of a small part of the leading edge of the blade but were
maedes es small as possible. Ordinary air at room temperature is
passed around the blade. Optical-gless windows are placed atbt the
ends of the blade. The interferometer photographs are taken
through these windows.

Verification of equations for blade-temperature dlstribution. -
The investigatlions of turbines end turbine rotors have not pro-
gressed to a point where checks of the equations developed for cal-
culating blade-temperature distributions can be made. Experiments
on & static cascade of solid blades that were heated at the root,
however, have been conducted (referenmce 27). Cold alr was passed
around. the blades and the heat-transfer coefficients from the alr
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to the blades were determined. Experiments were then conducted at
conditions very different from those at which the heat-transfer
coefficients were obtalned and the blade temperatures were measured
from root to tip. The blade-temperature distribution was then cal-
culated using an equation previously developed. The comparison of
the experimental and theoretical temperature distribution is shown
in figure 19. The difference between the blade temperature and the
effective fluild temperasture is plotted against the distance elong
the blade measured from the root. The maximum error is only 10° F
at a blade temperature of 1507° R or about 1l percent. This com-
parison of results using a blade-temperature-distribution equation
with experimental results indicates that the theory 1s probably
adequeate.

Experimental results on blade outside heabt~transfer coef-
ficients. - Heat transfer from solld blades in & static cascade
heated at the root to alr flowing around the blades is discussed
in reference 27. Data from which heat-transfer coefficients from
hot eir to the same cascade of solld blades cooled at the roots
have been calculated have alsc been obtalned at the Lewls laboratory
but are unpublished. The blades were of the impulse type. The gas
temperature in the cooled-blede investigations was about 760° R.
Additionel air heaters have been added to the setup in order thet
experiments at gas temperatures of 1060° R can be mede. Combustion-
ges experiments will also be made.

Tests were made in Germany (reference 34) on & static cascade
of impulse bledes, which were electrlcally heated, to determine
heat-transfer coefflclents from the blades to cold air flowing
around the blades. The blades had a solldity of 1.33 and a turning
angle of 102° as compared with a solidity of 1.92 and a turning
angle of 104° for the blades in reference 27. ZExperiments have
also been conducted on a static cascade of water-cooled blades
(reference 35). The blades had an insert somewhat similar to that
in the sketch shown in figure 5. The fluid passing around the
blades was hot sir for low-temperature runs and combustion gases
for high-temperature runs. The greatest temperature of the gas
recorded was approximately 1200° R. These experiments were con-
ducted on one set of blades, which were first oriented in the rig
such that a cascade of impulse blades resulted. The orientation
was then changed so that a cascade of reaction blades resulted.

No blade-temperature measurements were made with thermocouples for
simplificetion purposes. The blade temperatures were calculated
by a method based on some assumptions. The recovery factor, from
which the fluid temperature eff'ecting heat transfer was obtained,
was also assumed.
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A comparison of the NACA data on the heated and the cooled
cagcade of solid blades 1s shown in figure 20(a). The Nusselt
number, which involves the heat-transfer coefficient between the
blades and the fluid around the blades, divided by Prandtl number
to the one-third power is plotted against Reynolds number of the
flow. In figure 20(a), the properties of the fluid were based on
the film temperature, which is a mean of the average blade btempera-
ture and the bulk temperature of the fluld. The mass flow p

is the msss rate of flow of the fluld divided by the cross-sectional
area of the Inlet section lmmedlately upstream of the cagcade.

The characteristic dimension in the Reynolds and Nusselt numbers

is taken as the perimeter of the blade divided by =x. A differ-
ence occurs in the results of the heated and cooled blades

(fig. 20(a)).

Because of this difference, the fluld properties Including
density were next based on the blade tempersbtures. The velooity
of the fluld immediately upstream of the cascade was still used.
The compearison of the heated~ and cooled-blaede results on this
basis 1s shown in figure 20(b). The two sets of results are
brought closer together, the average dlfference belng decreased
from about 11 to 5 percent by changing from the fllm-btemperature
basis to the blade-temperature basis. This result seems to con-
Pirm the conclusions of other investigations (reference 22) that
better correlation of results are obtained when the surface tem-
peratures are used to obtain fluld properties.

A comperison of British and NACA data is shown in figure 21(a).
The properties of the fluld, except density, are based on blade
temperatures. The density is based on a mean of the effective ges
and blede-wall temperatures and on an average of the inlet and
outlet pressures. The velocity is that at the cascade outlet.
Comparison of results on this baslis was necessary because lack of
information in the British report prevented changing to any other
basis. The impulse-blade results show a difference of about
20 percent. The reaction-blade results are definitely lower than
the impulse~blade results.

A comparison of NACA and German results are shown in fig-
ure 21(b). All results are for impulse blades. The greatest dif-
ference in the Nusselt number is about 30 percent. In this plot,
the gas properties were based on blade-wall temperatures and the
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density and the velocity were the values immediastely upstream of
the cascade. Although reference 35 shows & comparison of British
date with German date, the NACA has been wneble to find data in
the Germen reports that can put correlation on an outlet-velocity
besis.

The results of figure 21 confirm the discussion of a need for
& boundary-layer theory for determining local coefficients that
can be averaged to cobtaln curves as shown.

Radiation coefficlents, - No data on raediation coefficlents
for blades have been obtained. All investigations have been made
at temperatures low enough so that convectlion wes the predominating
cause of heat transfer. This procedure is purposely used so that
the laws of convection heat transfer can be eatablished without
the couplication of radlation being encountered.

When investigations are conducted at high temperatures where
radiation heat transfer cannot be neglected without introducing
large errors, the geometry factor must be known for a particular
blade installation. An integrator for determining the geometry
factor is shown in figure 22. The center of the round base is
placed on the blade at the point being considered and the carrlage
end the light-beam barrel are moved around; the light beam traces
the area "seen" by the point considered while the pencil on the bottom
of the tube holding the light source scribes a dlagram on the chart
at the base. The integrator must be used on an enlarged model of
the blades being considered because of the size of the integrator.
The dismeter of the base of the integrator is 7 inches. The method
of surveylng the ares is illustrated in figure 23.

Inside convectlon heat-tranasfer coefficlents. - No known data
are avallaeble on the convection heat-transfer coefficlents from the
blade to the coolant. Of course, ample provieion for obtaining
such data is bullt into many of the riges and should be avallable
shortly.

Recovery factors for fluid outside blades. - Some data have
been obtained at the NACA Lewls laboretory (reference 27) and in
Germany (reference 36) on recovery factors outside blades in static
ceacades. From these data, the effective gas temperature can be
determined with equation (1). The results are shown in figure 24.
The recovery factor 1s plotted against outlet Mach number. In all
cases, the recovery factor increases samewhat with increase in out-
let Mach number. The NACA date show en increase from about 0.8
to about 0,9 at the choking Mach number.
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Recovery factor for coolant in blede passages. - No data exist
on recovery factors from which the effective coolant temperatures
ingide turbine-blade pessages can be obtalned. Dete are scarce
even for flow through tubes. A curve from reference 30 on recovery
factor of fluid flowing in tubes is shown in flgure 24. This curve
also shows en increase with increase in Mach number. In this case,
the local recovery factor at various positions along the Plpe were
Plotted against the local Mach number for various ailr-flow rates.
The flow rate itself had no effect on the recovery factor; it
affected the factor only through its effect on Mach mumber. Unbtil
more data become avalilable, these are the best data that can be
glven for the inside recovery factors.

The dliscussion hes been primarily concerned with the heat-
transfer relations that occur in the over-all turbine-blade cooling
problem. Of all the factors involved, the knowledge of heat trans-
fer for the blade profile and the inside coolant passage is most
Important. Many other aspects are to be considered, which involve
flow over the blades and through the coolant pessage and the per-
formance variables associated with the turbine as o component of
en engine. The performance varlebles include consideration of the
thermodynamic effects and mechanical losses inherent in removing
heat from the cycle and circulating the coolant through the blading.
Thls report is not Intended to present adeguately the status of
the knowledge on each of these secondary although very 1important
aspects, but the remaining sections of the report will outline the
problem and indicate the method of ettack, which i1s being followed.

Cooling~-Flow Characteristics

In order to evaluate the effects of blade cooling on the per-
formance of gas turbines, the flow cheracteristics of the coolant
within the blade coolant passages must be determined. Knowledge
of pressure, temperature, and velocity of the coolent along the
passage 1s necessary to determine heat flow, blade temperaturs,
inside heat~transfer coefficient, and cooling losses. The cooling
losses include the work of pumping the coolant through the entire
cooling system and the nommechanical loases due to heat transfer
and mixing, which involve entropy increeses.

Alr-cooling theory. - The anelysis of flow in air-cooled blades
must be based on the flow of & compressible fluid through a passage
rotating at a high angular velocity under the combined effects of
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ares change, wall friction, and a high rate of heat transfer. Unbtil
recently, analyses have been evallable for only such a flow in
statlionary passaeges. The NACA is therefore undertaking the theo-
retical study of the one-dimensional flow of gases in rotating
passages,

Although some experimental work has been done by the NACA and
other research organizations on the correlation of the friction
coefficient as affected by high rates of heat transfer, insufficient
data are avallable to permit the recommendstion of a reliable corre-
lation for nonisothermal friction coefficients in blade-coolant
passages, Because of this lack of experimental data, the wall
friction coefficlents in blade-coolant passages must he estimated
from the data for isothermal friction coefflcients in smooth tubes.

Water-cooling theory. - Water may be circulated in the turbine=~
blade coolent passages by either forced or natural convection. The
anelysis of the flow of watexr by forced convectlion in the blade-
coclant passages presents no particular difficulty end 1is, in fact,
very much simpler than the analysis required for air cooling. Just
as in air cooling, however, lsothermal coefficlents of friction for
tubes must be employed in the analysis elthough high rates of heat
transfer exist.

The mechenism of the flow of a liquid in the coolant pessage
by natural convection is not well understood although it is belleved
to be similar to the Greshof number effect in vertical heated plates.
In the simplest theory of this type of flow, the ccoler liquid is
postulated to flow through the core of the blade-coolant passage
to the blind end of the passage at the blade tip and then to return
along the wall of the passage where the coolant is heated under the
influence of a high-centrifugal acceleratlon. Actuaslly, the flow
is probably complicated by the existence of amell secondary con-
vective circuits along the entire length of the passage. This com-
plication may result in breakdown of the circulation near the tip
of the blaede where very small passages of large length~dlameter
ratio are required by the aerodynemic design of the blade. The
University of Delaware, under contract with the Office of Naval
Research, proposes the study of natural-convection flow in statlon-
ary vertlcal tubes for both geses and ligquids. The research will
be gulded to scme extent by the work begun during World War II by
German scientlats on the study of natural-convection cooling of
turbine blades.
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The NACA has investigated e steel rotor that embodies naturel-
convection circulation of the liguld coolant. The data reveal
nothing concerning the nature of the coclant-flow phenomens because
the passages in turbine blades are too small to insert the proper
measuring instruments. It is hoped that some knowledge of the non-
isothermal friction coefficlent can be obtalned from power-loss
investigations on this turbine wheel.

Turbine and Fngine Performance

As previously indlcated, one method of approach to turbine
cooling is actual construction and operation of experimental
machines on the basis of available data to evaluate performance,
losses, thermodynamlc effects, and operating problems. The final
aspect is to combine all this knowledge and to evaluate the turbine
as an engline component in terme of engine performance.

Operating investigations of aluminum water-cooled turbine
(forced-cogveo%ion principle). = A turbine rotor was bullt of 14S-T
aluminum elloy with a tip diameter of 12.06 inches, & root di=smeter
of 9,75 inches, and 50 Impulse blades to be operated at & maximum
tip speed of 1000 feel per second. As shown in figure 25, the
blades and the dlsk are integral and, in order to facilitate
mechining, the blades were untapered and cut as & serles of planes
and cylinders. Inbto each blade were drilled four radlal cocolant
holes and two transfer holes to make possilble a forced flow through
the blades. The outside ends of the 300 coclant holes were sealed
with screwed-in plugs. The cooling water entered the turbine rotor
at the center and flowed radially oubtward In the space between the
rotor and the baffle plate, a portion of which is shown in the
cross section in figure 25(b), through the two coolant holes near-
est the leading edge of the blade, across the tip of the blade
through the transfer holes, radislly inward through the two holes
nearest the blads tralling edge, and out the rotor through the
axial-discharge holes.

The instrumentation provided for the preliminsry runs was not
extensive because these runs were primarily intended to indicate
the practicebllity of operation with & liquid-cooled turbine of

. high-conductivity material, Briefly summarized, the operating

results are as follows: The turblne was operated for a total of
92 hours of which more ‘than 30 hours were at turbine-inlet tempera-
tures between 2060° R and 2560° R. All operation was conducted at
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atmospheric inlet pressure and at several pressure ratios up to
1.8. In order to provide an additional factor of safety during
turbine operation, the water outlet temperature was never permitted
to exceed 610° R. It is therefore probable that an excessilve
coolant flow was used at all the points at which thils turbine has
been operated. These conditions, although not strictly representa-
tive of normal turbine operation, were maintained in order to safe-
guard the turbine during the preliminery runs. After the 92 hours
of operation, a method of obtaining rotor-blade temperatures was
made availsble and thermocouples installed in the blades indicated
that at & rotor speed of 5000 rpm, a tlp speed of 263 feet per
second, and an inlet-gas temperature of 2560° R, the maximm blade~
temperature was 744° R. This temperature occurred at the blede
leading edge at a point midway along the span, and all the blade
temperatures indicated were between thils temperature and 640° R.
During the runs in which the blade temperatures were obtained, the
turbine was again operated at atmospheric inlet pressure but at
extremely low pressure ratios. The turbine rig in operation at
these conditions 1s shown in figure 26. The whlte hotness of the
inlet duct and turbine shrouwd is visible in the photograph. It

1s of interest to note that a turbine wheel of aluminum can be
operated at such high inlet-gas temperatures.

The mechanical method of sealing the emds of the coolant holes
with screwed-in plugs appears to be practical inasmuch as no leaks
developed around any of the 300 plugs although calculated pressures
of 3400 pounds per square inch were indicated at the plugged
surfaces. There was no evidence of oxidation, erosion, or blade
elongation and no indication that any more than a small part of
the turbine useful life was consumed. A complete report of these
first operating investigations run on this turbine 1s found in
reference 37.

rat tests of steel wabter-cooled turbine (natural-
convection principle). = A turblne rotor has been bullt of
AIST 403 steel with a tip diameter of 13.88 inches, a root diameter
of 9.0 inches, and 31 reaction bledes. The turbine is designed to
operate at a meximumm mass flow of 14 pounds a second at a pressure
retio of 2 and up to tip speeds of 1000 feet per second. A cross
section of the turbine rig is shown in figure 27. The rotor
blades are integrally machined with an ennmlar ring, which 1s
attached to the rotor by means of meting circles of teeth cut
into each side of the rotor and the ring. Through bolts (not
shown) hold the ring and the disk together. The dlameter of the
three largest holes is 0.12 inch, that of the fourth is 0.09 inch,
and that of the fifth is 0.07 inch. The coolant passages are not
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interconnected. The coolant is introduced as shown in figure 27

and the centrifugael force and the varlation in the density of the
cooled and heated liquid permit a constent circulation of the coolant
within the blind holes. The coolant leaves the rotor through

12 axial-discharge holes and enters an amnular collector. 4&s in

the eluminmm turbine, the outside ends of the coolant holes are
sealed with screwed-in plugs. No provision has been made as yet

to recirculate the coolant. An individual coolant supply is pro-
vided for cooling the nozzle blades each of which has six drilled

passages.

The turbine has been operated approximately 150 hours at inlet=-
gas temperatures up to 1910° R and tip speeds of 850 feet per
second. The mass flows were up to two-thirds of design specifi-
cations. The rotor coolant flow was varled between 6 and 18 per-
cent of the gas flow through the turbine., Unfortunately, the
excessive nozzle-blade tralling-edge temperature prevented turblne
operation at higher inlet-gas temperatures. Apparently the method
of supplying coolant to the nozzle blades and the smallneas
(0.06 diam) of the tralling-edge hole, as well es 1ts distance
from the blede tralling edge, a2ll combined to prevent sufficlent
cooling of this portion of the nozzle blade. Although the maxi-
mum coolant flow available (10 ga.l/min) was supplied to the
nozzles, the trailing-edge temperature continued to read approxi-
metely twlce as high as any other nozzle-blade temperature location.
Thermocouples installed on the rotor blades indicated a maximum
temperature of 1200° R elong the leading edge at the blade tip at
the maximum inleb-gas-temperature run of 1910° R with a l2-percent
coolant flow. Preliminary data seem to indicate that the natural-
convection coolant flow tends to bresk down at a certain point;
further operation, however, at higher ges temperatures are reguired
before any positive statement can be made.

Liguid-cooled 26=-inch turbine alrcraft-power-plant component, -
This turbine is liquid-cooled by the natural-convection principle.
Tt is designed for operation as a component of an alrcraft power
plant in conjunction with an axial-flow compressor. Unlike the
liguid-cooled turbines previously described, the blades are not
integrally machined with the rotor disks. The blades (2=in. span)
are shown in figure 28. They are attached to the disk by means of
a Pir-tree arrangement. A sealed cavity in the base of each blede
connects with five blind holes in each blade. A so-called coolant
disk bolts to the rotor. Two passages (water in and water out)
are provided in the coolant disk for each of the 80 reaction blades
to permit coolant circulation.
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The turbine was designed to produce 7980 horsepower at sea-
level conditlions with an inlet-ges temperature of 2700° R, an inlet
pressure of 43 pounds per square inch absolute, a pressure ratio
of 2.57, a mass flow of 42.5 pounds per second, and a tip speed of
1130 feet per second. At these operating conditions, a coolant
flow through the rotor of 33 gallons per minute has been calculated
a8 necessary to maintain a coolant temperature change of 560° R
and a blade temperature of 1660° R,

Turbine Performance Characteristics

In evaluating the performance of an uncooled turbine, the
1deal or isentropic power avallable in the gas is of primasry con-
cern. This thermodynamic power is used as o besis for computing
turbine efficiency. From a knowledge of nozzle, blasding, and tip=-
leakage losses, evaluation of the power ectually delivered to the
blades 1s possible. Subtraction of the dlsk-friction loas and the
bearing and gear lossea from the blade power determines the shaft
power of the machine.

The procedures for evaeluating and correlating these perform-
ence factors for an uncooled turbine are well established, but in
the cooled burbine, no established basis exists for determining
the thermodynemic performsnce in the presence of heat transfer and
wlth two separate flulds moving through the turbine. In the air-
cooled turbine, the sltuation is further complicated by the mixing
of the coolant stream with the working fluid, which results in
entropy increases, The effects of heat transfer tend to mask scme
of the aerodynamic losses and seperation of the various losses
cccurring in the two streems is difficult. This separation
roquires new definltions of efficlencles and introduces new
parameters into correlation of experimental data. For blade power,
the heat transfer is introduced into the energy equation and the
internal-coolant pumping power must be included in evaluating
either the shaft power or the torque at the blade root. For the
cooled turbine, possible parameters for correlation of pumping
power, blade power, and efficlency are
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No investigations have yet been msde to verify these parameters
or to determine the functions that relate them. Analytical methods,
however, are being developed to assist those working in the turbine-
cooling fleld and to provide suggested methods for obtaining and
reducling experimental data.

Engine Performance Characteristics

The final measure of the effectiveness of turbine cooling,
elther for nonstrategic blades or for high-temperature machines, is
in the performsnce of the engine. This type of evaluation requires
many additional methods of analysis to determine the performance
end the losses of a cooled engine fram experimental data on the
seme engine uncooled or to predict the performence of an engine in
the design stage. The general procedure is to apply the best availw
gble heat~transfer data for the outside and the lnside of the cooled
blade and to determine the coolant-flow regqulrements for the range
of operating conditions imposed on the turbine., These operating
conditions are functions of turbine configuration, turbine-inlet
temperature, turbine speed, and compressor pressure ratio, as well
ag Flight Mach number and altitude of the alrcraft. Ranges of
altitude must be covered because of the significant effects on
coolant requirements and losses. In an alr-cooled engine, the
principal factors considered are the thermodynamic effects of
heat loss, friction and compression in blade passages and disk,
the intermal pumping power in the disk and the blades, the
external pumplng power in the compressor before bleedoff, the
decrease in mass flow through the turblne, and the mixing of the
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coolant with the working fluld. The summatlion of these effects
in a turbojet engine 1ls a decrease in jJet-nozzle inlet-total tem=-
perature and pressure, which adversely affects performance of the
engine.

Several effects of cooling on the performence of gas-turbine
stages have been gualitatlvely investigated in reference 38. In
this analysis, the flow of the combustion gas through the turbine
stage wes approximated by flow through & tapered conical tube.
Three phases of the effect of cooling on gas-turbine-gstage per=-
formance are significant: (1) The cooling requirements of the stage
must be minimized; (2) the decresse in stage efficiency due to
cooling must be minimized; and (3) the later stages in the turbine
must be permitted only & minimum reduction in available work.

According to reference 38, the cooling requirements of the
stage can be kept at a minimum by employing water cooling only in
the rotor and by cooling the less highly stressed stator by meana
of ailr. As previously mentioned, porous-blade cooling is probably
adequate for the cooling of the stator amnd, in addlition, such a
type of cooling increases the mess flow through the turbine.
Cooling requirements may be minimized in the water~cooled rotor
either by fabricaeting the blades from a material with a high
thermal conductivity to expedite the flow of heat from the blades
and into the coolant or by coatling the blades with a very low-
conductivity materisl so ss to decrease the heat flow from the
hot ges to the blades. The analysis indicates that high blade
speeds should be employed so as to increase the work output per
stage. A high work output per stage decreases the reguired numbex
of stages and, consequently, the cooling requirements of the

turbine.

The reduction of the avallable work in the later stages of the
ges turbine is outside the scope of reference 38, but, as mentloned
in thet reference, 1t constitutes en effect that in many cases 1s
more significant than the slight decrease in stage efficlency due
to the cooling of the stage.
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CONCLUDING REMARKS

Some lidea concerning the geins to be obtalned by the use of
high turbine-inlet temperature, the possibilities of achieving
these galns by using turbine cooling, and the problems involved in
such research have been presented. The potentlalitles are so great
and the need so urgent for cooling of turbine blades, especielly
those made of meteals that have low strategic-alloy content, that
a tremendous emount of effort put into the over-all problem is
warranted on the basis of analyses and experiments masde to the
present time,

Lewls Flight Propulsion Leboratory,
National Advisory Committee for Aercnautlces,
Cleveland, Ohilo.
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APPENDIX - SYMBOLS

The following symbols are used in this report:

A ocrogs-sectional area, sq £t

B force, 1lb

b length of blade (span), £t

c length of blade chord, ft

°y specific heat at constant pressure, Btu/(1b)(°F)

D characteristic dimension in Reynolds and Nusselt
numbers, ft

b4 friction coefficient, also function of

Gr Grashof mumber, & pere” (:B - Tr)

M

g ratio of absolute to gravitational unit of mess,
1b/slug or acceleration due to gravity, £t/sec?

E convectlion heat-transfer coefficient,
Btu/(sec)(sq £t)(OF)

ht enthalpy based on total temperature, Btu/lb

J mechanical eguivalent of heat, 778.3 ft=1b/Btu

k thermal conductivity, Btu/(OF)(ft)(sec)

L length, £t

1 perimeter, ft

M Mach number

N spesd of rotation, rpm

Nu Nusselt number, %‘.’.

£

P power, hp
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' total pressure, 1b/aq £t
Pr Prendtl number, E&Eiﬁ
t
Q heat flow rate, Btu/sec
Re Reynolds number, pﬁ?’f
T radivs, £t; (in raeiiation equation, distance
between two arees being considered, f£t)
s stress, 1b/sq in.
T gtetic temperature, °R
T total temperature, °R
et total temperature relative to moving blade, °R
v turbine tip speed, ft/sec; absolute fluld velocity,
ft/sec
W relative velocity, ft/sec
w welght flow, 1b/sec
X _ﬂz Th¥a
g‘-":E[ozoET'.g,e - (Ta,e)h]
x radlal distance from blade 100t %0 point on blsade

span considered, £t

2
2, 2
&H, 1, Erg,e - (Ta.,e)a

¥ distance normal to wall, £t

wPwgZ(A + 1) ¢
E:




S8

wl, \pl 1 ’ \l’ ret
Subscripts:

a

ad

NACA RM E50A04

1 I'Iozo'b X
A+ 1 wacp’a b

surface absorptivity

coefficlent of thermal expansion, 1/°R

pg 3 1
NACA standard sea-level pressure
efficliency
Tg,l

KACK standerd sea-ievel Lemperature (when used with
radiation equation (15) it is the angle between
the normal to one area and a line Jjoining the two
areas, deg)

recovery factor

Eolo

Eiii

absolute viscosity, slugs/(sec)(ft)

density, slugs/cu £t

Stefan-Boltzmann constant, Btu/(sec)(sg £t) (°r*)

blede spacing/blade chord

angular velocity, radians/sec

turning angle, deg, or function

function

cooling air

edilabatlc
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average
blade
canpressor, critical polnt

effective (used with symbol for temperature and
denotes temperature effecting heat transfer)

fluid

combustion gas

" blade root

inglde surface of blade

mixture (refers to mixing of combusiion gases and
cooling air)

outside surface of blade
pumping

rotor blades

radlation

stator blades

refers to isentropic process
wall

point along blade span
maximim

free stream

turbine inlet

turbine outlet

dovnstream of turbine where complete mixing of com-
bustion gases and cooling air occur
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Figure 3. — Method of determining limiting
dilution and critical blade section.
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Figure 16. - Typlcel eir-cooled static cascade for determining local and average heat-transfer coefflclents.
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Flgwe 17. - Bpsciel twmbine-cooling etatic boundery-layer rig.
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Figmre 18. - Tegt sactlon For Investigation of boundery layerw arcund cooled blade by means of Mach-Zehnder interferomoter.
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Figure 19. — Comparison of theoretical and
experimental blade-temperature distribution
at effective gas temperature of 1627° R.
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Figure 20, - Comparison of hast-transfer data for air tlowing past NACA exparimental impulse-turbine blages,
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Flgure 21, — Comparison of British, German, and NACA heat-tranafer data.
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Filgure 22, ~ Radiatlion integrator.
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Figure 23, = Method of using radistion Inbegrator with turbine blades.
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{a) Entive rotor.
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(b} Section of turbine blade.

Figure 25. - Liguid-codled aluminum twrbine rotor,
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Figure 26,

= Aluminum turbine In operatlon.
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Figure 27. - Liquid-cocoled steel turbine rig.
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